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SUMMARY 

Pressures have been measured at Maoh numbers between 0.6 and 1.4 around 
one streamwise station on a 5% thiok, 60' swept wing, oambered to have a sub- 
oritiosl type of upper surfaoe pressure distribution of triangular shape at 
a Maoh number of 1.2 and a lift coefficient of 0.153. In spite of boundary 
layer effects whioh aaused some loss of lift ooefficient, subcritioal flow 
conditions were achieved at the design Mach number of 1.2 with the design 
suction values over the forward part of the section. At all Mach numbers, 
the flow development was closely analogous to that over two dimensional aero- 
foils at subsonic speeds. 

Previously issued as R.A.E. Tech. Note No, Aero.2756 - 23,177. 
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1 IIWRODUC'TION 

* 

One possible solution to the aerodynamic problem of designing a super- 
sonio long-range airoraft involves the use of a highly swept, high aspeot- 
ratio wing, on the assumption that infinite-swept-wing flow conditions oan be 
maintained all over the wing at the cruising lift ooefficient. It has been 
predioted theoretioallyl that for a suffioiently thin and highly swept wing 
of infinite aspeot ratio a suboritical type of flow can persist up to a 
supersonio free-stream Maoh number, so long as the component of velooity 
normal to the peak suotion line is less than sonio. Under these oonditions 
the wing wave drag remains zero. By extending this conoept to swept wings of 
finite aspeot ratio, the aerodynamic outline of a supersonic transport air- 
craft oan be determined as in Ref.2, where the design oruising Maoh number is 
1.2, although the aotual value does not affect the design philosophy in 
prinoiple. 

The first stage in developing a suitable wing for this type of airoraft 
configuration is to ohoose a basio wing seotion shape, together with an angle 
of sweep, to give an essentially suboritioal type of flow at the chosen 
cruising speed and lift ooeff'o'ent on a swept wing of infinite span, 

4t 
Thcoreti- 

oal methods have betn devised # for determining the geometry of aerofoil seo- 
tiops having a speoified pressure distribution in an invisoid, incompressible 
flow. Methods applioable to two-dimensional wings are extended to swept wings 
of infinite span by the addition of a flow component parallel to the wing 

g&Y edge* 
There are also method&,6 for determining the sonio range 

= 1 pressure distribution from a speoified two-dimensional aerofoil shape 
and one of these has been extended7 to Cover the Maoh number range between 
oritioal and sonio. The relationship between wing sweep, thickness-chord 
ratio and lift ooeffiai?nt for various types of upper surface pressure distri- 
bution is discussed in Ref.8, 

These methods can be used in the project or early layout stages of an 
airoraft design to provide estimates of the inter-relation between aerofoil 
geometry and suboritioal pressure distribution, and to predict also the Maoh 
numbers at whioh drag rise begins or at whioh separation effeots suoh as 
buffeting might be expected to appear, In general, good agreement oan be 
obtained between experiment and theory for both moderately swept and unswept 
wings at low speeds, providing the oharaoteristios of the boundary layer are 
determined and taken into aocount (see for example Refs.9 and IO). 

The present series of tests is aimed at extending the oomparison between 
experiment and theory to higher angles of sweep and higher Maoh numbers, and 
in partioular to oover the case where the free-stream Mach number is supersonio 
but the flow over the wing is still expeoted to be subcritical. There are 
three main objeotivesz- 

(a) To demonstrate experimentally that a suboritioal type of flow, without 
shooko, oan exist at a supersonio free-stream Mach number on a lifting wing; 

(b) to determine the extent to which viscosity and oompressibility modify 
the theoretioal pressure distribution around the aerofoil section of an infinite 
swept wing when the flow is suboritioal; and 

(0) to investigate the influence of the local superoritioal region, pro- 
duoed by inoreasing Mach number or lift coefficient above the values for (a), 
on the drag and shock-induoed boundary-layer separation oharacteristicss of 
the seotion. 

These tests are being oondueted on half models (Fig.l), having untwisted 
and substantially untapered wings, of aspect ratio near 5 and 60~ sweepbaok, 
mounted on a body. The aerofoil sections are in general designed to have 
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a subcritical type of flow up to a Xach number of around 1.2 using the 
method of Ref.4 modified to take account of oompressibility effects - see 
&pendix 2. Measurements of pressure only are made all round a streamwise 
section at 71% semi-span. 

For the tests reported in the present note, the wing section is of 
basically RAE 101 thiokness distribution, Yb thickness-ohord ratio, and 
cambered to have a %riangular'! or W.nea.9 shape of upper surface ressure 
gstribution at a CL of 0.153 at a ls8ach number of 1.2 (Figs.2 and 3 P . The 

results show that, in general terms, subcritioal flow conditions can be 
maintained at supersonio Mach numbers, for instance at M = 1.2 and 

cL = 0.083, &though at the design CL of 0.153 a small s~percritical region 
exists which is insufficient to cause an appreciable rise in drag. No 
attempt has been made in this test to determine the oharaateristias of the 
boundary layer quantitatively; this will be done later, however, for another 
model having a thinner section. 

The tests form part of the programme of the Cruising Aerodynamios 
Group of the Superrionia Transport Aircraft Committee (S.T.A.C.), They were 
planned initially for the 8 ft x 8 ft supersonio tunnel at R.A.E. (Bedford). 
However, as the scope of the activities of the S.T.A.C. widened, it beeame 
desirable to transfer the actual testing to the 9 ft x 8 ft transonio tunnel 
of the Aircraft Researoh Assooiation, Ltd., Bedford. This tunnel has.a 
perforated-wall working section, and a flexible nozzle which together with 
auxiliary suotion from the plenum chamber surrounding tie working section 
enables Uaoh numbers of up to 1.b to be aohieved, A description of the 
tunnel is contained in Ref.ll, The tests were made in May, 1958. 

Seation 2 of this note desoribes the design of the model and some of. 
the problems which were enoountored. The test procedure is c,utlined in 
section 3, and some comments on the aocuraoy of the results are given in 
se&ion 4, The results are presented and discussed in seotion 5, whioh also 
inoludes a review of the expeoted development of the flow over an infinite 
sheared wing, Finally, secticn 6 oontains the conalusions and oonsiders 
certain further tests which nre desirable. 

2 M@DEL DESIGN 

2.-l Experimental approach to achfeving sheared- conditions 

Sheared-wing conditions demand that the pressures experienced by the 
section should be oonstant along lines parallel to the edges of the wing. 
In general these conditions are not aohieved near the root of a swept wing, 
so that, unless the root of the wing is aarefully shaped, the isobars in this 
region are less highly swept than the wing and unsv,ept altogether at the root 
itself. Similarly, near the tip of tht! w5ng the isobars may again be in- 
suffioiently swept unless a careful choice of tip planform and camber is 
made, On q low aspeot ratio wings these root and tip effects overlap so 
much that nowhere does the flow olosely resemble yawed wing oonditions. 

In the tests reported here, the aim has been to measure the pressures 
at a spanwisc station as far away from the root as possible v;hile maintaining 
suffioit& span outbcard to ensure that at all supersonic speeds the Maoh 
oone from the tip passes well downstream of this stat%on, It was considered 
that sheared-wing flow was unlikely to be aohieved, even approximately, 
inboard of the spanwise station at whioh the wing root trailing e@e &is- 
turbanoe (the "rear shook" in Fig.k(a)) had passed forward of the leading 
edge. (This assumes it spread along a Mach wave.) It was therefore decided 
to design an untapered wing of the required sweepback on which measurements 
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of pressure would be made at a single streamwise seation lying aft of the root 
disturbanoe and ahead of the tip disturbanoe. Nevertheless, it was realised 
that there must be signifioant viscous effects sinoe these oonsiderations were 
leading to a oombination of high sweep with high aspeot ratio whioh in turn 
demanded a relatively thiak se&ion if model strength, and hence Reynolds 
number, were not to be unduly saorif'iaed, 

Although it would have been desirable to reduce the magnitude of the 
wing root disturbanoe by having a body in which a oylindrioal shape could be 
replaoed by a "waisted!' shape,it was hoped that this would not be necessary 
in this experiment. Provision was nevertheless made for fitting alternative 
body shapes, although only the aylindrioal shape was used. Later tests of 
similar models have included "waisted" oonfigurations, 

2.2 Model layout 

The basic model is sketohed in Fig.?. It is a half-wing-body combination 
on which pressure measurements are made at 49 points on a single streamwise 
section on the untapered part of the wing. This configuration was preferred 
to a oomplete sting-mounted model because of the larger scale whioh was 
possible for a half model. The basic shape of the wing se&ion to give the 
pressure distribution shown in Fig.2 has been determined by Weber's method 
given in Appendix 2. 

Ordinates of the wing seotion at 32 pivotal points, whioh are relevant 
to the methods of Ref,J+ and Appendix 2, have been determined from inspection 
of the model and are given in Table 1. 
(8.9% instead of Y$) and t 

The wing was found to be thin 
0 nave a twist of -0.060 at the pressure measuring 

station; after making allowanoe for these oonsiderations all ordinates were 
oorreot to within +0.002'fc The ordinates of the pressure holes as determined 
from the inspection report are listed in Table 2, 

The des%gn of the model was arranged to ensure that the shook pattern 
from the wing root would not be refleoted from the walls of an 8 ft x 8 ft 
tunnel in suoh a way as to strike the model in the region of the pressure 
plotting station above M = 1.1, 

0 
This condition set limits to model size, 

sweepbaok and spanwise position of the pressure plotting station. The design 
was also arranged to ensure that disturbanoes originating at the wing root 
trailing edge passed (assuming they spread along a Maoh wave) in front of the 
pressure plotting station at Maoh numbers up to 1.5. This oondition also set 
limits to the sweepbaok and spanwise position of the pressure plotting station, 
A oompromise between these oonfliating faotors resulted in a wing of 12 ins 
root ohord, sweepbaok 60', and with a pressure measuring station I.825 chords 
(21.9 inohes) outboard of the effective model oentreline. This inturn 
influenoed the choioe of thickness-ohord ratio towards a fairly high value 
(Y$ along wird) in order to ensure adequate model strength, Since a condition 
of the design of winb m section2 is that nowhere over the surface of the wing 
should the Maoh number, resolved in a direction normal to the leading edge, 
appreoiably exaeed unity (Cp j Cz), a limit was set to the lift coefficlient 
whiah aould be aczhieved at the design Mach number. The values finally chosen 
were a CL of 0.153'at Yo = 1.2 with almost wholly subnritioal invisoid flow. 
The upper surfaae pressure distribution (Fig,2) is of a "triangular" shape, 
and was obtained by adding a suitable camber line (F&J) to a basioally 
RAE 101 thiokness distribution, The ourvature in the camber line towards 
the trailing edge produced a oonoavity in the lower surface of the seotion, 
whioh was "filled in" to provide a plane surfaoe to ease manufaoture. The 
ohange in oamber produoed by this modifioation was less than 0.1% at the 
maximum, and the effect on the upper surfaoe pressures was not signifioant, 



This partiaular combination of sweep, thickness and lift coeffiaient 
is of Course only relevant in so far as it is intended to produoe the desired 
flow conditions for the tunnel model, Further tests are being made on thinner 
wings whiah may be more relevant as a choice for an aircraft configuration. 

The extent of the wing outboard of the pressure measuring station is 
determined by the condition that the Maah cone from the tip region should 
pass wholly downstream of this station when the Mach number exaeeds 1.10. 
The actual tip shape has been chosen so as to inhibit a loss of sweep of the 
isobars with consequent possible spread of the disturbanoes inboard. The 
overall Semispan of the model is 30.9 ins (2.575 ohords) and the pressure 
plotting station is at 0.71 semispan. 

The basia body is of 0.4 chords (4.8 ins) diameter and aonsists of a 
nose of length 4 ahords (length-diameter ratio 10) plus a parallel portion 
whiah extends from 0.5 chord in front to nearly 4 chords behind the wing 
root leading edge, terminating in a bluff base (Fig.5). The body aross- 
section is D-shaped; where the body is parallel the section aonsists of a 
scmicirale 2.4 ins (0.2 chord) radius displaced outwards from the wall by the 
addition of a 2 in. thick parallel slab, in order to minimise any effects of 
the tunnel boundary layer. Further forward, along the length of the nose, 
the body seation shape is similar but decreases smoothly in area to zero at 
the nose; this variation is given, in units of body maximum radius, by 

( > 3 
Y = gj-I +I 

where x = distanae aft of the nose 

Y = 100a.l body radius. 

This variation ensures that the curvature of the nose shape in plan view 
tends to zero at the front of the nose and again at the junction with the 
parallel part of the body. This type of nose was chosen to minimise the 
influence of the body pressure field (reflected from the walls of the tunnel) 
on to the pressure plotting station. The nose shock, reflected from the roof 
of the tunnel, clears the pressure plotting station at all Each numbers above 
1.12. Its refleotion from the side walls of the tunnel, however, passes 
along the pressure plotting ohord line between Maah numbers of 1.28 and 1.34. 
At the design Maah number of 1.2, the pressure plotting station is subjected 
to the reflected field from a region about half way along the length of the 
nose. This region produaes a weak expansion field, which in the A.R.A. 
tunnel is refleated weakly as a shock; it is believed that this "seoond- 
order" disturbarJoe does not appreoiably influenoe the measured pressures. 

The wing was made of S96 steel, heat-treated to give an ultimate 
tensile strength of over 70 tons/sq in, Grooves were out in the wing to 
allow 0.080 in. o/d (0.053 in. i 

/ 
a) copper-niakel tubes to be laid in the 

wing from eaah pressure hole (1 32 in. dia.), the pressure tubes being faired 
over afterwards with araldite. The body was largely constructed in light 
alloy. 

The model was mounted on the floor of the A.R.A. 9 ft x 8 ft tunnel. 
Braoing wires attaahed to the model near the wing tip passed out through 
perforations in the tunnel walls and wax secured at each inoidence to 
restrain the wing from defleoting under load. The wires and attachments at 
the model did net exaeed 0.25 in. dia. and were situated at 3% chord 6 ins. 
outboard (measured normal to body axis) of the pressure measuring station, 
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this losatiod being ahosen so that the disturbanoes from the wires should 
paas wholly downstream of the pressure measuring station at all supersonio 
Mach numbers. Some studies of oil flow patterns at M, = 1.25 and I.4 
@&@ .27 and 28) would seem tn indioate that the flow at the pressure 
plotting station was not signifioantly influenoed by the wires. 

3 TEST PROCEDURE AND RANGE OF TESTS 

The procedure adopted was to fix the model inoidenoe and tunnel pressure, 
and then vary the tih number from 0.6 to 1.4, tsk$ng oare as far as possible 
that the intervals of Mach number were olose enougtiin the neighbourhood of 
the drag rise and separation Maoh numbers to enable values of MB and MsE to 

be obtained, The braoing wires from the wing tip had to be re-rigged at eaah 
ohange of inoidenoe, and therefprc the tunnel was shut down between inoidenue 
-8. 

1.83'; 
The theoretioal design inoidenoe a~ for the wing of infinite span was 

in order to investigate the flow over a wide range of aonditions, tests 
were made at a range of inoidenoes from 00 to 5’. A oarborundum strip 
(partioles 0.002 to 0.003" high) was applied around the leading edge and 
extending back to 5% ohord on both surfaoes ?,ut vrith a small gap in the 
immediate prox%mity of the pressure holes) in order to fix transition. 
Figs.27 and 28 show that there is a striated flow pattern behind the oarbor- 
undum strip whioh is oonsisfent with turbulent flow; whereas at the extreme 
wing tip, outboard of the oarborundum strip, the pattern is not striated so 
strongly forward of the turbulent "wedge" springing from the end of the strip. 
On this evidenao it would appear that turbulent flow was suooessfully aohieved 
qver most of the wing. 

At eaoh Maoh number, aomplete pressure readings of the seotion were 
reoorded by photographing a multi-tube meroury manometer. Most of the tests 
were made at atmosphcria stagnation pressu et so that the Reynol s number 
(based on wing ohord) var ed from 3.8 x 

2 
10 8 at M = 0.6 to 5 x % IO at M = 1.0, 

remainfng olose to 5 x 10 at all supersonio speeds. In addition, however, 
one run was oarried out at an incidence of 2,6O at a stagnation pre 

8 
sure of 

‘36" megoury, For this run the Reynolds number varied from 4.5 x 16 to 
6x10. The variaticn of Reynolds number with Maoh number and stagnation 
pressure is,shown in Fi.g.19. 

4 ACXURACY 

The meroury manometer readings were recorded on film which was subse- 
quently projeoted on to a soreen from whioh the readings were reaorded 
manually. It was possible to read the height of the memury oolumns tn 
20.02 in. and this results in an error of 20,002 in p/keff (see para.5.1), 
When integrating pressures around the section to determine foroe ooeffioients, 
the trapezium rule has been used for simplicity and oonvenienoe, thus enabling 
opffioients to be compared on a oonsistent basis, even though there is some 
16~s of absolute aocuraoy. Beoause of the large number of pressure holes and 
their olose spacing (approx. 0.0050) around the nose, the foroe coefficients 
are always oorreot to within +2$, and in all but a few oases to within &I$, 

For Fig.12 to 15 the values of pressure aoefficient (Cp) have been 
obtained by a prooess of "smoothing" the experimental results, as desorihod 
in para.5.3. It is therefcre neaessary to take into aooount the accuraoy 
of the smoothing prooess in assessing the aacuraoy of the data plotted on 
these figures. 
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5 RESULTS AND DISCUSSIOI'J 

5.1 Presentation of result3 

It is convenient to present the pressures measured at each pressure 
plotting hole in the form of pb,ff, where p is the local pressure and Heff 
is a "reduoed" form of the total head whiah effectively oorresponds to the 
two-dimensional value at a free stream Mach number of MO 00s A (A = sweepbaok 

a&e). The value of Herr is determined from the actual total head Ho by the 
following relation:- 

A derivation of this relation is given in Appendix 1. 

Provided that yawed wing conditions have been achieved these values 
Of P&ff are directly comparable with the values of p/Ho in two-dimensional 
flow at $ 00s A, 

i 

5.1.'! Pressure distributions 

The pressure distribution3 measured at various h4ach numbers are 
plotted in the form of p/Heff for each incidenoe in Figs, 6 to 11. The 

pressures are shown in aarpet form plotted against x/o (chordwise position) 
and Maoh number. The values of pbeff at cash pressure hole, and the posi- 
tion of eaoh hole as determined by inspection of the model after manufacture, 
are given in Table 3. Figs.12 to 15 show comparisons of theoretioal and 
experimental pressure distributions at Maoh numbers near 0.6 and 1.2 - the 
pressures in this ease being in the form of C since the theoretical distri- 

P 
butions determined by the method of Appendix 2 are in this form. In Figs. 
12 to 15 only, however, some adjustments have been made to the measured 
pressures which have the effect of smoothing the variation of pressure 
at any pressure hole with variation of Mach number. This procedure is 
discussed in greater detail in para,5.3. 

5.1.2 Integrated loads 

The pressure distributions around the section have been integrated 
normal to and along the chord at each Maoh num_ller and incidence, and the 
results are tabulated in coefficient form as Cz and TX in Table 4. The 
coefficients are plotted against Mach number for various inoidences in 
Figs.46 and 17$ while 5 is plotted against incidenoe for a Mach number near 

1.2 and compared with theory for invisoid flow and infinite aspeot ratio in 
Fig.18. 

5.2 EJffeot of Re.ynolds number 

An additional run at an inoidence of 2.6' only was made at a sta nation 
pressure of 36 ins. merogry, the Reynolds number varying from 4.5 x fi 10 at 
Iv! = 0 0.6 to about 6 x IO at supersonio speeds (Fig.79). The corresponding 
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run at the lower Reynolds number (30 ins. mercury) was only made at Maclh 
numbers from 0.98 upwards. It was found that nowhere did this admittedly 
small variation in Reynolds number oause any significant variation in either 
upper or lower surfaoe pressure distributions (Table 3). The curves of Fig.6, 
7, 9, 10 and II are all for 30 ins. mercury stagnation pressures However, 
the curves of Fig.8 (CGR = 2.6') are for 36 ins. meroury, exoept for M. = 1.405 
whioh is for 30 ins. 

5.3 Dfsturbanoes in flow development 

5.3.1 Disturbanoes affeating pressure distribution 

Figs.6 to 91 show that the development of pressure distribution with 
Maoh number is n& entirely regular. In general, the pressures around 4% 
ohord seem to be slightly greater (less suotion) than expeoted. Inspeotion 
of the model revealed nothing likely to account for this, but it is possible 
that a leak may have developed during the test in the appropriate pressure 
tube. 

More signifioantly, there are areas over whiah the rate of deorease of 
pressure with Maoh number is temporarily reduoed, as for example near MO = 0.98 
over the rearmost 2C$ of the ahord, Because of the high sweep and aspect ratio 
of the model, the trailing edge of the pressure plotting station was looated 
14 inahes further downstream in the tunnel working section than would have 
been recommended11 for a aomplete model, However, any deterioration of the 
flow near this region is mainly assooiated with the complete-model support 
strut, whioh of aourse was not present for these tests, It seems more probable 
that the looal high pressure region near the traila edge at MO = 0.98 is due 
to a simple blockage effeot, 

Over the most forward 3@ of the ohord a similar looal high pressure 
region occurs at all inoidenoes near M 

0 
= 1.02. Applioation of a blookage 

oorreotion does nst account satisfactorily for this effeot, Some tests at 
olose intervals of Maoh number on a later wing in the series have shown that 
a similar region moves rearwards over the seotion as MO is inoreased from 
1.02 to 1.04. The rate of movement suggests a disturbanoe originating from 
the forward part of the model and be%ng refleoted from the tunnel sidewalls. 
The souroe of this disturbanoe is probably the suotion region expeoted to 
ooour at this Mach number over the rear part of the seotion at the wing root. 
At the sidewalls this suction would be refleoted as a oompressionq2. A 
properly waisted body would thus be expeoted to improve matters. Some dis- 
turbanoe would also be expeoted from the bow shook assooiated with the braoing 
wire near the tip, but the ohordwise extent of the disturbanoe (about 0.3 6) 
seems rather large for it to be acoounted for entirely by the wire. 

Another region of relatively high pressure ooours over the upper sur- 
faoe of the wing between 25% and 5% cihord at MO = 1.19. The oause in this 
aase appears to be a disturbanoe originating from the saw-tooth junction in 
the tunnel floor and being reflaoted from the roof, Moreover, the analysis 
in the next seation (5.3.2) reveals #at on the lower surfaoe there is a low 
pressure region further aft (4-s to 7W& ohord) whioh oould arise from a 
deferent part of the same disturbanae (Fig,25). Other deviations in pressure 
between 5O$ and 8% chord near M = 1.35 on the lower surface have probably 
arisen from the disturbance due 'to the other saw-tooth junation in the roof 
being reflected from the floor. 
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At 10~; incidenoes (0' and 2') the suction at 6% chord seems to be 
slightly low over most of the Mach number range; at 2.6O this "trou h" has 
moved bnok to 8% and is more noticeable, Also, at high incidenoes ? up to k") 
the pressure distributions near the nose are rather llwa~", especi&ly 
between Mach numbers of 0.9 and 1.0, and there appears to be a “double pe& 
suotion" at 3% and I@ ehord at MO = 0.9 and 0.94. On a later model in the 
series, similar effects have been found to arise from the discontinuity in 
the transition strip near the pressure plotting station, suggesting that 
the boundary layer may be laminar within a limited region between the tran- 
sition strips. This may be giving rise to a local laminar bubble separation, 
with subsequent reattachment as a turbulent layer, at the higher in&,denoes. 

5.3.2 Disturbanaes affectin& integrated loads 

The variation of 5 with Mach number for various inaidenoes (Fig.17) 
shows that a sudden change in c"lX is obssrvable ne,ar M = 1.02 followed by 

0 
some deviations at higher Maoh numbers. The similarity of the curves for 
various inoidenoes suggests that the souroe of these deviations is probably 
external to the wing section, and may arise from disturbances spreading out 
from the root, or from the tunnel flow itself, These disturhanoes need only 
be very loaalised; for instance, if only the first lW/ of the chord is 
,affected-on both surfaces, there may be a substantial effect on CX and yet 
not on Cz . 

The cmrves of p/Heff against MO and x/c (Figs.6 to 11) show that the 
pressure over the front 3% of the chord is relatively high at MO = 1.02 
which accounts for muoh of the high value of s . &so, at X0 = l.19 there 
is a further band of high pressure between 25&cnd 5% chord; however, in 
this region it does not signifioantly <affeot CX. On the other hand, the 

region of high pressure aft of 55% chord at MO = 1.10 contributes to a 
reduotion in TX at that Maoh number. Sinoe the results are believed to be 
af'feoted in this way, it has been thought worthwhile to attempt to correct 
them. To do this, the experimental pressures for one incidence (% = 2.60) 
for both upper and lower surfaces have been plotted as a ratio of tunnel 
stagnation pressure (irer in the form p/!Ho) in Figs.20 and 21 in oarpet form 

against ohordwise position and Mach number, together with the curve of pofio 
for free stream oonditions. An attempt is m:de on these figures to draw 
"smooth"* ourves through the pressures measured at each pressure hole. The 
deviation of each value of p/Ho from its appropriate "smootht' curve has been 
integrated around the chord in the same m=anner as the pressures themselves 
and used to provide a deviation in TX , plotted as ACX in Fig.22. For 
Mlnoh numbers above 1.2 this method could not be used for the upper surfaoe 
due to the onset of supercritical flow with shock waves. In this region, 
therefore, ACX has been taken as twice the v<alue appropriate to the lower 
surf aoe. The ourves of Fig.22 show that below M = I,2 this prooedure would 
in general give a reasonable estimate of ACX. The values of AC so obtained 

-x 
have been taken to apply at all incidences. When applied to Cx, and 

resolved together with 3 to provide CD, a fairly plausible variation of 

* Smooth - defined here as being of the same general shape as the curve of 
pa/k0 against MO. 
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CD with Maoh number and incidence is obtained (Fig.23). These values of CD 
also include an allowance for skin friotion drag under tunnel conditions. 
This has been estimated by the method of Refs.'!Ta and 2-l and LB sllcrm in .i?ig.ly. 
Comparison of the values of total CD with those of ACx help to put into 
better perspeotive the scatter in the experimental results. t 

The assumed corrections to the flow, in terms of the deviations in 
p/kc used for the construoticn of Fig.23, are shown as a plot of local Mach 
number in Figs.24 and 25. !Lhe reduotion of Mach number near the nose at 
% = 1.02 ooours on both surfaces. The low Mach number aft of 55% at 

MO 
= 1.10 is seen to be more marked on the upper than the lower surface. 

The reduotion in Maoh number at about 4% chord at MO = 1.19 seems to be oon- 
fined to the upper surface, while there is an increase in Maoh nunioer (and 
henoe suoticn) around 5@ to 7@ ohord on the lower surfaoe which will slso 
be contributing to the inorease in TX observed at this MO; these deviations 
are unfortunate in so far as they oocur near the design Maoh number. On the 
other hand the deviation near the nose is not considered to be a spurious 
effect but is associated with the imminent development of a Looal supersonio 
region, 

5.4 Predioted flow pattern over sheared wing 

Before discussing the results in detail, it may be worth briefly re- 
viewing the physical principles underlying the concepts of subcritical and 
superoritioal flow over an infinite sheared wing, 

In oonsidering the inv$soid flow pattern expected to develcp over the 
wing, it is suggested that only the component of flow normal to the wing 
leading edge is significant. Thus the onset of critical flow conditions, 
with the associated drag rise and separation effects, is governed solely by 
the magnitude of the Mach number oomponent normal to the wing and is inde- 
pendent of the component parallel to the wing, irrespective of magnitude. 
The parallel component serves merely to influence the resultant (i,e, free- 
stream) Mach number and the absolute magnitude of the pressures. On simple 
assumptions such as these, there is no theoretical limit to the magnitude 
of this parallel oomponent, and no significazice is necessarily attached, 
therefore, to a free-stream Mach number of unity or greater. 

Defining now the critioal Mach number MC9 as the Mach number at which 
the flc:ti oomponent normal to the isobars first&reaches a sonio value some- 

' where over the section, it is found that above MCR the flow expands rapidly 
from the attachment line (equivalent to the stagnati'on line on a two 
dimensional wing) SC that the oomponent normal to the isobars is supersonio 
over an appreoiable part of the section, Behind this region, the pressure 
recovers to a value which differs little from that given by the appropriate 
subcritioal distribution. The manner of recovery is at first almost isen- 
tropio but, at superoritical Mach numbers, soon develops into a shook whioh 
in plan view will be fully swept, if sheared wing conditions are being 
maintained. With further increase of Mach number, the shock moves baok along 
the section and inoreases in strength, producing in due course an increase 
in section drag. Eventually, as Maah number is inoreased still further the 
pressure rise across the shook becomes suffioient to cause the boundary layer 
to separate forward of the trailing edge, producing non-linear changes in 
lift and drag. lf the drag rise Mach number is defined as MD, and the Mach 

number at which separation effects beaome notioeable is defined as ldSE, the 
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signif'ioanoe of these Mach numbers is broadly that MD sets a limit to the 
aerodynamic efficiency of the wing section and hence to the cruising eoonorqy 
of the airoraft, and MSE sets a limit to the usable speed of the aircraft, 

due to effects such as buffeting and possibly loss of control effeotiveness. 

The problem is therefore to achieve as high a Mach number as possible 
for the onset of drag rise while retaining an adequate margin between this 
Maoh number and the Maoh number for the onset of separation effects. 

As in the two-dimensional oase, several basic&Lly different types of 
pressure distribution suggest themselves, for example:- 

(a) a distribution which at lift has a peak suction well forward (Le., 
ahead of, say, 0.2 ahord) followed by approximately linearly inoreasing 
pressure to the trailing edge. The shape of this distribution is thus 
roughly ntriangulartf, 

09 a distribution which, after an initial rapid fall near the leading 
edge, has approximately constant pressure over part of the ohord (baok to 
0.5 chord, say), followed by a more rapid inorease in pressure to the 
trailing edge, i.e. of "rooftop" shape at its design lift coefficient. 

For a given lift and thickness the peak suction for the "triangular" 
type will in general be greater than for the "rooftop" type, so that MCH 

will be lower* However, as Mach number is increased above MCR the supersonio 
region for the triangular type will initially be confined to'forward-faoing 
parts of the seotion, i.e. ahead of the crest (defined as the chordwise 
station where the upper surface slope is parallel to the undisturbed stream), 
whereas for the rooftop type the supersonio region will quiokly extend to 
the back of the rooftop, i.e., well behind the crest, 
and Crandal113 suggest that MD 

Tests by Nitzberg 
is closely associated with the Mach number 

,, 

at whioh the shook moves aft of the orest, so that for the triangular type 
the margin MD - MCB may be greater than for the rooftop. It is not, 
therefore, immediately apparent which type will have the greater value of 
MD" Moreover, with the triangular type there is a less severe adverse 
pressure gradient aft of the maximum suction so that the margin MSE - MD 

may aiso be greater for this type, since the corresponding strength of shock 
needed to oause the boundary layer to separate will also be greater, Thus 
the value of MCB alone is not necessarily a reliable guide to the merits of 

different wing sections from the viewpoint of drag rise and separation effects. 

In the tests reported here, the upper surface pressure distribution is 
of the "triangular" type. Further tests on other sections of 'rooftop" type 
are in progress and w5.11 be reported in due course. 

i 

5.4.1 Three dimensional effects 

Departures from infinite sheared wing flow ocour in general on finite 
wings in the neighbourhood of the tips and of any abrupt changes in sweep, 
as for instanoe at the root of a wing of V planf'or~~ In this experiment 
the influence of the tip is confined at supersonic speeds to a conical region 
which always passes well downstream of the pressure measuring station. 
However, the compressions which arise near the wing root leading edge and 
the wing root trailing edge may give rise to shoctks spreading outboard along 
the wing at sufficiently high Mach numbers (Fig&b). These shocks,which are 
sometimes oalled the forward and rear shocks, tend to approach and ooalesoe 



, 

somewhere along the span, thereafter forming a single shock called the out- 
board shock* By placing the pressure plotting station well outboard these 
root effects are minimised but may not be entirely negligible; later tests 
of other section shapes incorporate shaping of the body at the root in order 
to try to reduce these effects still further, 

5.5 Compressibility and viscosity effects 

The theoretica! estimates of pressure distribution given in Refs.3 and 
4 do not include compressibility or visoosity effects. In Appendix 2, however, 
an extension of these methods is given which allows the effect of oompressi- 
bility to be estimated; this extension has been used to provide the theoreti- 
cal estimates for these tests, The experimental results include both com- 
pressibility and viscosity effects, and differ (as might be expected) from 
the inviscid theoretical estimates, 

It has been shown (in Refs.9 and IO fo r example) that the incompressible 
invisoid theory oan be used to give good estimates of pressure distributions 
at iow speeds on both unswept and swept wings of symmetrioal section, pro- 
viding that allowance is made for the displacement thickness of the boundary 
layer. For example, Ref.10 gives the loss in loading, due to boundary layer 
effects, along a chord at 0.41 semispan on a 12s thick F&l3 101 seotion wing 
of 45O sweep. In this case, measurements of the boundary layer profile were 
made just behind the trailing edge, and the displacement thickness estimated. 
The theoretical pressure distribution was then re-calculated for the aerofoil 
profile as modified by the addition of the displacement thickness, and it was 
found to agree well with the experimental results. 

In the tests reported here, the wing section is no longer symmetrical, 
compressibility effects are present, and the high sweepback and aspect ratio 
would be expected to produce a substantial boundary-layer di.splacemer&thick- 
ness. MO measurements have been made, however, of the boundary layer profile 
in this test and hence no allowance for it appears in the theoretical estimates. 
It is therefore not possible to devise a wholly satisfactory criterion for 
comparing theory and experiment. The provisional criterion chosen has been 
the simple 3ne of equal level of peak suction. This at least shows to some 
extent the differences between the general shapes of the theoretical and the 
experimental upper surface pressure distributions without signifioantly 
affecting the Xach number for the onset of critical flow conditions. 

For later tests in the series, boundary layer profiles are being measured 
at the trailing edge of the pressure plotting station, and it is hoped that 
this will enable comparisons to be made in future between the theory for in- 
viscid flow and experiment so that the viscosity effects can be shorn up and 
studied in more detail. 

In much of the discussion which follows, the conditions of suboritical 
flow and supercritical flow have been treated separately. However, in those 
figures in which parameters are plotted against Each nuiiber, the whole Mach 
number range has been covered. It follows, therefore, that the reader may be 
referred to different parts of the same figure on different occasions, 

5.6 Subcritical flow conditions 

5,6.1 Comparison with theory 

At the lowest subsonic Alach number of 0.6, the theoretical (inviscid, 
compressible, and for infinite aspect ratio) and experimental pressure 
distributions are shown in Pig.12, which is a carpet plot of Cp against x/c 
and incidence. By comparing the distributions for equal levels of peak 
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suotion it has been found possible to relate the theoretical and experi- 
mental wing inoidenoes (c+.I and a~) by an empirical equation of the form 

and for this Mach number the best ag;reement is obtained by putting N = 1.2 
and K = 0.7 (degrees). The value of N of 1.2 is partly accounted for by the 
finite aspeot ratio. Extrapolation from the results of Ref.llc for wings of 
somewhat similar planform suggests a value of 1.1 for inoompressible flow. 
No tunnel oonstraint corrections have been applied to the results, The 
normal Glauert correction would not be significant but there is some un- 
certainty as to the precise nature of the boundary condition at the wing root* 
Experience at A.R.A. suggests that a small part (perhaps 1%) of the deficiency 
in lift curve slope might be attributed to root effeots, Much of the remaining 
discrepanoy may be due to the influence of viscosity. 

The reason for the additional shift of 0.7' is not understood; it 
appears at other Mach numbers and at zero lift (as noted in para.5.6.3) but 
does not seem to be accounted for by deviations in the tunnel flow or twist 
of the wing. Sinoe it occurs at zero lift, where the pressure gradient on 
the lower surface is more adverse than that on the upper surface, it does not 
seem likely that its origin is due solely to viscous effects, although on a 
later model the addition of vortex generators to the upper surface only has 
been found to decrease the zero lift angle by up to 0.3'. 

In Fig.13 the theoretioal and experimental pressure distributions on 
botn surfaaes at MO = 0.6 are oompared at closely corresponding levels of 

peak suction, and shows satisfactory agreement over the forward 3% of the 
chord. Further aft, where the pressure gradients are unfavourable, there 
is some loss of loading so that CL is about 17% less experimentally (0.100 

as oompared with 0.120), possibly because of visoous effects. In addition, 
the predicted positive pressure ooeffioient near the trailing edge is not 
aohieved, as is commonly observed. 

Turning now to the design Mach number of 1.2 the theoretioal and 
experimental. pressure distributions (Fig.14 and 15j show that, for equal 
levels of peak suotion, there is a greater loss of loading over the rear of 
the section than at a Mach number of 0.6. Fig. 14 shows that the theoretical 
(again inviscid, compressible, and for infinite aspect ratio) and experi- 
mental wing inoidenoes are now related by the equation 

&E = % + 0.7 

and in this case 33 is varying at the same rate as a T (N = l.OO), instead of 

2% more rapidly as at MO = 0.6. Some calculations of the spanwise varia- 

tion of twist at MO = I in Ref.15 suggest that for wings having triangular 
(linear) chordwise loadings the incidenoe at the pressure measuring station 
would onl be about 6s greater than the infinite sheared wing value 
(N = 4.065. The di screpancy in N is probably partly due to the faot that 
near locally oritical conditions the peak suction pressure coefficients in 
practice tend to change more rapidly with inoidenoe than the subaritioal 
theory predicts. It is however noteworthy that the other discrepanoy of 
0.7O persists. In Fig.15 the pressure distributions on both surfaces are 
compared at closely oorresponding levels of peak suction near to the design 
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value. Althcugh agreement is still good in the regions of favourable 
pressure gradient, these are oonfined to the forward I@ of the upper surfaoe 
and the forward 306 of the lower surface, and behind these regions both sur- 
faoes, but particularly the upper, contribute to a considerable loss of 
loading. 

t 
It appears that, although the level of peak suction has risen rapidly 

with Mach number, the suction well aft of the peak (for instance at 6% 
ohord) actually falls, in terms of Cp, so that overall there is also a fall 
in CL (f rom 0.100 at MO = 0.6 to O.OQj at MO =: 1.2) instead of a gain as 
predicted for inviscid flow (from 0.120 at MO = 0.6 to 0.153 at MO = l,Z), 
Thus at MO = 1.2 the experimental lift coefficient is 44% less than the 
theoretical value; some of this effect may be attributable to the low value 
of J!J as discussed above, but even if the value of I$ here taken to be I.2 
(as at MO = 0.6) the loss in CL would still be 3U7 (CL = 0,100). For equal 
CL the value of IV would have to be 1*8. It is not olear how a discrepancy 
of this magnitude arises, unless it is due to much more severe viscous effects 
than those enoountered at MO = 0.6. The increase in &lo, in spite of (or 
perhaps even together with) the increase in F,eynolds number from 3.8 to 5.0~10~ 
may possibly be producing a more rapid and non-linear thickening of the boundary 
?.ayer on the upper surfaoe. 
a lower sweep (45O), 

It was found in Ref.10 that even at low speed and 
at a station a.41 semi-span outboard from the root of an 

aspect ratio 3 wing, 
( 

that the flow direction was parallel to the trailing edge 
i.e. "spanwise") at the trailing edge and for a height of nearly 0.01 chord 

above it at a CL of 0.57. The resultant loss in CL oompared with an invisoid 
estimate neglecting boundary layer thickness was 14%. However, by determining 
and adding the displacement thioknesses on both surfaces of the aerofoil, and 
treating the resultant "modified" aerofoil by the inviscid theory, it was 
found that the loss in CL could be accounted for fully, It was also found'O 
that this loss of lift increases with angle of sweep. Later tests in the 
present series will include measurements of boundary layer profiles at the 
trailing edge, as well as the addition of vortex generators, in an endeavour 
to assess quantitatively the nature and magnitude of viscous effects. 

5.6.2 F!ormal force ma drap, 

The variation of 5 with X0 for various incidenoes (Fig.16) shows that 
very little change in rz occurs with Mach number, except at high incidence and 
Mach number where a flow separation behind a shook becomes established. The 
nature of this separation is discussed in more detail in para.5.7.3. Its . 
effect on the pressure distribution is to increase the suction over the rear 
part of the upper surface (Fig.11 shows this happenis at 5a-incidence at all 
Mach numbers above 1.15) and hence to increase both Cz and CX. 

The comparison of theoretical and experimental values of 5 as a 

function of inoidenoe show (Fig.181 that at zero lift the experimental angle 
of inoidence a Ii: is about 0.8' greater than the theoretical value 6 T' oorres- 

ponding closely to the discrepanoy of 0.7' found when comparing theoretical 
and experimental pressure distributions (para.5.6.1). The loss of loading 
discussed in para,3.6.1 appears in Fig.19 as a reduction in the slope of the 
experimental ourve. 

- 17 - 



The drag coefficient, corrected by the method of paragraph 5.3.2, is 
plotted against Ptaoh number for various inoidences in Fig.23. As predioted 
by the yawed wing analogy, there is no significance in a Mach number of unity. 
Thus, in spite of the shortcomings of the experimental pressure distributions, 
the flow conditions predicted in Ref.1 have been achieved - i.e., an 
effectively shock free flow has been obtained - with lift - at a supersonio 
Maoh number, without inourring any penalty in wave drag. 

No detailed comparison between theory and experiment has been made at 
the design lift coefficient (CL = 0.153) and Maoh number (1.2), since the 
exl>erimental pressure distribution includes an appreciable supercritical 
region well forward, and an incipient separation near the trailing edge. 
Instead, the approach preferred here has been to make comparisons for similar 
values of pressure coefficient over regions of favourable pressure gradient, 
and to look for possible reasons to account for the loss in loading over the 
remaining regions, however, it is worth noting that at the design lift 
coefficient there is no great increase in drag over the subcritical value, 
so that although the flow is no longer shock free the design conditions of 
Maoh number and lift have been achieved without appreciable penalty (except 
that the margin YSE - Iho is virtually zero, sinoe both MSE and A$, are close 
to 1.2 at this inoidenoe). 

5*6.3 Trailing edge pressure reoovery; 

In Fig.26 the pressure coefficient (Cp) has been plotted for the upper 
surface at 95$ chord. This figure shows that, except for Mach numbers between 
0.9 and 1,0, the pressure ooefficient at this position was never greater than 
0.032. This is rather less than, for example the pressge coeffioients 
measured at 9% chord on a tapered wing of 59 6 sweepback in :vhioh the value 
of c P' 

everywhere outboard of 4.Q% semispan, was around 0.06, at low speed 
and at a Reynolds number* of 1.6 x IO6 (the Reynolds number for the tests 
reported here was at least 3.8 x 106). At 5O inoidence, Cp at 95% chord is 
negative at all Mach numbers. Figs.6 to II also show that the pressure dis- 
tribution is somewhat uneven between 8% and 958 on the upper surface at 
most incidenoes and Mach numbers for whioh the flow has not separated farther 
upstream, This suggests that the thickness of the boundary layer may be great 
enough to affeat the comparison between theoretical snd experimental pressure 
distributions. 

. 

5.7 Supercritical flow conditions 

The analogy with two-dimensional. flow would suggest that above a certain 
Mach number whioh depends on inoidenoe, a shock would form near the nose of 
the aerofoil, Further increase of Haoh number and inoidenoe would cause the 
shock to move aft and strengthen, followed by an increase in the drag of the 
section, and leading ultimately to separation of the flow everywhere aft of 
the shook. 

5.7.1 Pressure distribution 

The pressure distributions shown in Fig.6 to 11 suggest that in general 
a recognizable shock (shown by the dotted part of the lines) first appears 
soon after the value of p/ieff falls below about 0.52 aqywhere on the surface. 
Ihis corresponds to the onset of a region of locally supersonio flow over a 
two-dimensional section. As Mach number is increased, the position of the 
shock corresponds approximate1 

J 
to the more aft of the two chordwise positions 

at which the looal. value of p eff would have been 0.52 if the pressure dis- 
tribution had remained of subcritical shape. Further aft the distribution 
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follows the aubcrifir?al shape, while in front of the shook the pressure dis- 
tribution becomes of a typically supersonic form, and in partioular the local 
vahm of dHeff no longer decreases with inorease of free stream Maoh number, 
(Rear the nose P/Heff actually increases somewhat.) There is thua a strong 

I W&oh-number-oomponent freeze", analogous to the oorresponding Maoh number 
freeze oba rved in many experiments on two dimensional wings, and discussed 
by Sinnott & and predicted by Randall's theory5, 

Oil flow patterns observed at an inoidence of 2,6O and a Maoh number 
of I.25 are illustrated in Fig.27. The upper part of the figure shows the 
outboard two-thirds of the span and the shock wave oan be seen crossing the 
pressure measuring station near 2Wb ohord. In this region it is some 5' 
leas swept than the wing, and further inboard it is tending towards the wing 
root trailing edge, as well as beooming less sharply defined. It appears 
therefore that the root is still exerting some influenoe on the flow oonditiona 
at the pressure meaaurug station. To this extent then the eqeriment has not 
suoceeded in creating yawed wing flow in the required region, although the 
correlations with two dimensional flow discussed above suggest that at this 
station the root effeota may not be very signifioant. Shaping the body at 
the root would be expeoted to lessen these effects. 

If the Mach number and incidence are further inoreaaed the pressure 
distributions of Figs.8 to 11 suggest that flow separation begins to ocour 
aft of the shock which then ceases to move rearwarda and may even move forwards 

* again, 'The flow pattern was therefore observed at an incidenoe of 2.6' and a 
Maoh number of 1.40, and is shown in Fig.28. The shoek is now passing over 
the pressure measuring station near the 3% ohord position, Behind the shook 
the oil pattern indicatea a large region of separated flow. Inboard of the * pressure measuring station the shook moves back end beoomes leas clearly 
defined, again suggesting that its origin lies near the wing root trailing 
edge (oompare the "rear shook" of Fig,4(b)). There is another disturbanoe, 
however, which is visible well inboard in front of the main shook, and which 
ha more highly aviept than the wing; this appears to be tne forivard shock 
(Eig.lc(b)) whioh ~08.lc-soes with thlr: roar shock to form the outboard shook 
at a point on the span roughly half a chord inboard of the pressure 
measuring station, 

It has been suggestedI that for flows with a high aupersonio leading 
edge auotion peak the bulk of the subsequent pressure reoovery may take plaoe 
iaentropioally rather than through a shook, under the influence of the re- 
fleotion of the leading edge superaonio expansion waves as oompreasion waves 
from the aonio line. The nearest approaoh to a high supersonio leading edge 
suotion in this experiment oocurs at an ino3,denoe a~ of 5' (Fig.11). Sub- 

* oritioally the pressure distribution is pesky near the nose, while super-. 
oritical v&luea of p/Heff (i.e. leas than 0.528) oacur down to a Maah number 
of as little as 0.9. However, up to Maoh numbers of at least 1.2 the shape 
of the pressure distributions suggests a leas abrupt pressure recovery than 
one would expeot from a shook, even though the flow has aompletely separated 
further aft along the se&ion. This effeot is illustrated in Fig.29 where 
the Maoh number for which p/Heff first falls below 0.515 anywhere on the 
upper surface, and the Maoh number for whioh a reoognizable shook appears, 
are plotted against inoidenoe. It will be noted that at the higher inoidenoes 
these Maoh numbers diverge by an amount which may bear some relation to the 
extent to which the pressure recovery takes place iscntropioally. 
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5.7.2 Comparison with theory 

The theoretical prediotion of the transonia oharaoteristias of two- 
dimensi nal round nosed aerofoils in a sonic stream has been considered by 
Sinnott ?I and Randall5. Sinnott's method is semi-empirioa3 and applfes over 
the region behind the orest of the aerofoil. Randall's treatment is purely 
theoretioal (inviscid) but deals also with the region forward of the orest 
almost u to the nose of the aerofoil. 
method7,~8920 

Sinnott has also extended his 
to deal with Maoh numbers below unity for which a shook wave 

is present on the wing surfaae aft of the orest. He further suggests that 
this method may be used to estimate drag rise and separation Mach number 
(MD, MSR), at aqy rate for oomparative purposes, 

Some oaloulations of pressure distributions have been made using both 
Sinnott's and Randall's methods. These estimates are oompared with the 
experimental results in Fig.30. Some caution is necessary in interpreting 
this comparison, however. First of all, estimates for two dimensional wings 
are being compared with experimental results on a three dimensional wing. 
Seoondly, Sinnott's method is intended for use on fairly thin sections having 
a value of the parameter x. not greater than 0.9. The parameter x, intro- 
duoed in Ref. 6, is defined as 

0 1 0 at 25 0 = 0,02 

x = 
A 0 2 for 8 = 2' 0 to 8 = 40 

(where 8 is the surfaoe slope of the wing se&ion, in the region forward 
of the wing orest), For this wing x = 1.01 at "r = 1.9' (oorresponding tc 

aE= 2.6’) so that extrapolation beyond SLnnott*s reoommended limits is 
ne0essa.q. ThirdJy, Randallls sonic range theory oannot striotly be used to 

treat seotions whose shape is defined by a polynomial in 5 which oontains 

terms in both ($y and (5). In the case oonsidered here, a polynomial 

s& expansion in b 
0 

was derived from the inspeotion report* of the aerofoil 

shape, and the ooeffioient of : 
0 

was found to be small, although not zero. 

In any oase, the effect of incidence appears as a change in the ooefficient 
of ; . Randall has suggested sn approximation for overcoming this diffi- 
culty for small incidenoes; in this experiment the inoidenoe normal to the 
leading edge (3.80) is possibly large enough to introduce significant errors. 

Using Sinnott's 18 method , the pressure distributions downstream of the 
shock have been derived from the experimental distribution at the highest 
shook-free Maoh number (in this case 1.20) by applioation of the Prandtl- 
Glauert rule. In this way, the effects of compressibility and viscosity can 
be inoluded approximately. The shook position along the chord is then given 
by the interoept of this pressure distribution for the appropriate Mach 

* To avoid any possible differenoes due to deviations between the nominal. 
(design) and the achieved aerofoil shape. 
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p2G number with the loous of T (the subcritio&l pressure just downstream of the 
P2C LL 

shook position).,T is a funotion of ressure just upstream of the 
shock) hut varies very slowly - in this oase it always lies between 0.52 and 

0.53. The value of? is obtained for the appropriate XWh number and shook 

position. The press$e at the.orest (lvhioh must be forward of the shock) 
and the variation of pressure from orest to shock is then estirmated. The 
pressure distribution at sonic oonditionL, c has also been oalaulated by both 
Sinnstt's and Randall's methods; the latter method is of interest here since 
it deals with the forward part of the aerofoil ahead of the crest, 

In Pig.30 the various estinated pressure distributions desoribed above 
are plotted as full lines. For comparison, experimental values of 

I!?- are also shown as symbols, joined by dotted lines. The experimental 
eff 

value for M = 
0 

1.26 (where the shock is theoretioally at the ores-t) has, 
however, been obtained by interpolation between experimental results at 
nearby Mach numbers. 

It is interesting to'observe that, downstream of the shook, agreement 
is reasonably good at all Mach numbers except I,40 where in any case the flow 
had separated completely behind the shock. Further, the predictions of shook 
wave position are in fair agreement in that the shock always lies between the 
same pressure holes as found experimentally (except again at MO = 1.40), 
although it ia clear from oil flow piotures (Figs.27 and 28) that the flow 
field teas to some extent influenoed by conditions at the wing root. 

PI Just upstream of the shook however, the experimental value of H is 
eff 

sometimes up to 0.02 greater than predicted, while at the crest this dis- 
orepanoy inoreases to 0.04 to 0.05 at the highest Mach number. This effect 
has also been observed in recent unpublished N.P.L. tests; the cause is at 
present unresolved. 

5.7.3 Drag rise and separation effects -- 

The curves of Fig.23 show that a rapid rise in,drag coeffioient begins 
when the Mach number and inoidence is sufficiently high. Considering 
initially the case where no flow separation oocurs downstream of the shook, 
the pressure distributions of Figs.6 to 14 show how the shock forms initially 
well forward on the aerofoil; and gains in strength as it moves baok with 
increase of Kach number and incidenoe, Initially it is ahead of the aerofoil 
orest, but as it passes behind the orest the drag of the section starts to 
rise rapidly. For incidenoes of 20 or less the shock does not pass s?t.gnifi- 
oantly behind the crest at Maoh numbers up to I,&, but at % = 2.60 the crest 
is close to 22% chord and the shock passes over this position at just over 

MO 
= 1.25, From Fig.23 the drag rise is seen to begin at around Mo = I.25 

at this inoidenoe. This c'orrelation between Mach numbers for shook-on-crest 
and for drag-rise has been observed in two dimensions by Etzberg and 
Crandalll3 while Sinnottq8 suggests that the Mach number for shook on crest 

p2G will be given by the condition that T (for a two dimensional wing) at the 
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orest is 0.515, a value obtained by analysis of experimental results with a 
fairly weak shook7. For the shook strengths observed in this oase a more 

appropriate value of P2G - might be 0.52 to 0.53 but this does not introduce H 
significant errors. The experimentally observed values of Niach number for 
shook-on-orest and for drag rise are compared in Fig.31 with estimates using 
the above criterion*. It will be seen that good agreement is obtaized 
between the estimates and the experimental values, exoept at QE = 0 where 
the experimental value has been derived by taking into aocount a single 
rather high drag value at M = 1.408 (Fig.23), and at aF = 4' and 5' where 
some of the drag rise is due to flow separation. 

Further inorease of Mach number causes the shock to increase in 
strength until the flow downstream of it separates completely. The condi- 
tion of practical interest is the onset of the effects of this separation, 
such as buffeting, Pearoeylg has suggested that for two-dimensional aero- 
foils this condition is observed to correspond to the stage at which the 
separation bubble behind the shook fails to reattach upstream of the trailing 
edge. When this happens the pressure at the trailing edge decreases abruptly. 
In the experiment described in this note, the pressures observed at 95% 
chord have been plotted against Mach number for various incidenoes in Fig.26, 
and it will be seen that above oF = 2O the trailing edge pressure decreases, 
fairly rapidly, above a certain Maoh number which varies with inoidenoe. 
Thus again an an&Lo 

Sinnottl& 
ous behaviour with two-dimensional wings has been 

observed. suggests a relation between the pressure immediately 
ahead of the shook at the separation Mach number and the parameter x whioh x 
depends on leading edge geometry. This parameter, as pointed out in para. 
5.7.2, has a value of 1.01 for this seation at aE = 2.6', whioh is higher 
than the upper limit (0.9) reoommended by Sinnott; however, by extrapolation II 

PI from Fig.12 of Ref.18 a value of y (pressure just upstream of the shook) 

of 0.31 has been estimated. Pl Eqerimentally, the value of H is between 
eff 

0.33 and 0.34 at a~ = 2.6O when the trailing edge pressure diverges, whioh 
is at a BEaoh number between 1.35 and 1.40. 

At higher incidenoes (higher values of x) Fig.12 of Ref.18 suggests 
PI that the value of H should remain nearly constant at around 0.31; the 

experimental value of PI - is in fact found to remain oonstant near 0.33. H 
The discrepancy of 0.02 

eff P, 
in H is probably partly due to the addition of a 

eff r 
spanwise oomponent of flow which causes a thicker boundary layer to form so 
that separation begins slightly earlier. However, with this adjustment the 
analysis of Sinnott offers a reasonable guide to the separation Maoh number c 
of a yawed wing, and in Fig.31 the actual values of USE for various inoidenoes 

pj are plotted together vrith the curve for - H = 0.33. 
eff 

From Fig.31 the margin of Mach number between drag rise and the onset 
of separation effeots (MsE - MJ has been derived and is plotted in Fig.32. 
This shows that above an inoidenoe of about 3.7 degrees the margin is l;ero or 
negative, and that even at the design inoidence (a~ = 2,6O), the margin is 

* MD has been taken here as the Mach number for whioh the actual drag co- 
efficient exoeeds the suboritioal value (extrapolated to the same Mach number) 
by 0.0015. 
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only 0.07. 
siderations; 

This margin is smaller than would be expected on invisoid con- 
some form of boundary layer control may be required if these 

viscous effects persist at full scale Reynolds numbers. 

6 CONCLUSIONS 

Pressure d$stributions have been measured around the seotion of a 60' 
swept wing at Mach numbers from 0.6 to 1.4. The section was basically a 9$ 
thiok RAE 101 thickness distribution, cambered to provide an approximately 
triangular upper surfaoe pressure distribution, whioh was subcritical almost 
everywhere, at a Maoh number of 1.2 and a lift ooefficient of 0,i 53 in 
invitoid flow. The wing was substantially untapered and had an aspect ratio 
near 5. Pressures were measured all round one streamwise station at 0.71 
semi-span, 

It is conoluded that:- 

(1) A suboriticsl type of flow, without shocks, has been achieved at a 
supersonio free stream Maoh number on a lifting wing, as predicted theoreti- 
aally in Ref.1, without incurring any s ignifioant wave drag. 

(2) At the design Mach number of 1.2, the theoretical (inviscid) and experi- 
mental pressure distributions, compared on a basis of equal peak suotion, are 
in good agreement wherever the pressure gradient is favourable, Elsewhere, 
agreement is less good, both upper and lower surfaces contributing to a loss 
in loading suffiaient to reduoe lift curve slope by around 4%. Substantial 
boundary layer Qutflow is observed which would be expected to acoount for 
muoh of this effect. At the design lift coefficient, a region of supercritioal 
flow, terminated by a shook, develops well forward on the aerofoil, without 
causing any great increase in drag. However, the boundary layer is at this 
stage on the point of separating completely over the rear of the section. 

(3) As Mach number or lift ooefficient is inoreased above the design value, 
there appears on the upper surface a shock which in plan view is nearly as 
highly swept as the wing itself. No drag penalty is evident until the shook 
moves aft of the 3rest of the aerofoil, Eventually the flow separates every- 
where behind the shock. Rather small margins between the Mach numbers for 
drag rise and for the onset of separation effects were found but the rela- 
tively thick boundary layer may be largely responsible for this. 

(4) Some estimates of supercritioal pressure distributions for two-dimen- 
sional wings have been extended to the swept wing ease and oompared with the 
experimental results. In general quite good agreement is found. The Mach 
number for which the shock first appears, the subsequent movement of the shock, 
the drag-rise Mach number and the Maoh number for the onset of separation 
effects oan all be predicted with reasonable acouracy from knowledge of the 
just-suboritical pressure distribution. AheAd of the shock the component of 
local Mach number normal to 'c'ne leading edge "freezes" in an analogous manner 
to the two-dimensional case. 

(5) No significant variations in prepsure distr'butions were found due to 
increasing Reynolds number from 5 x z 10 to 6 x t 10 at supersonic speeds. 

Future testing will inolude models having design pressure distributions 
of roof-top shape, a thinner (6%) section, body shaping to help reduce root 
effects still further, and devices which are intended to reduce the effective 
boundary layer thickness, as well as measurements of total head distributions 
in the region of the trailing edge. 
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ratio of speoifia heats 

equivalent unswept wing (see para.5.1) 

defining wing surfaoe 

(t&en as 1.4) 

surfaae slope of aerofoil measured forward from arest 

angle of sweepbaak 

(a funation of aerofoil geometry near leading edge) 

- 24 - 



LIST OF SyhaBOLS (Con-ta) 

Suffioes 

0 

$&. 

1 

2 

3 

1 

2 

2G 

CR 

D 

E 

SE 

T 

free stream conditions 

immediately upstream of shook 

immediately downstream of shook 

used in p2G to denote value of p2 given by appropriate sub- 
critical pressure distribution at position of shook 

critical value 

value at onset of drag rise 

experimental. value 

value at onset of separation effects 

theoretical value 

Author 
Kcohemann, D. 
Weber, J. 

Bagley, J.A. 

Weber, J. 

4 Weber, J. 

7 

8 Bagley, J.A. 

Randall, D.G: 

Sinnott, C.S. 

Sinnott, C.S. 

I - -  

LIST OF REFERENCES 

Title, etc. 
The subsonic flow past swept wings of zero lift 
without and with body. 
A.R,C. R, 8c M.2908. March, 1953. 

An aerodynamic outline of a transonic transport 
aeroplane. 
A.R.C. 13,205. October, 1956. 

The calculation of the pressure distribution over 
the surface of two-dimensional and swept wings with 
symmetrical aerofoil sections. 
A.R.C. R. & M.2918. July, 1953. 

The calculation of the pressure distribution on the 
surface of thick cambered wings and the design of 
wings with given pressure distribution. 
A.R.C. R. & M.3026. June, 1955. 

Transonio flow over two-dimensional round-nosed 
aerofoils. 
A.R.C. C.P.456. September, 1958. 

On the flow of a sonic stream past an aerofoil 
surfaoe. 
Journal Aero/Space Sciences, Vo1.26, No.3. 
Maroh, 1959. .  

On the prediotion of mixed, subsonic/supersonic 
pressure distributions. 
Journal Aero/Space Sciences, Vol.27, No.?O. 
October, I 960. 

Wing section design for a transonio aeroplane. 
Unpublished M.O.A. Report, 

- 25 -  



LIST OF REFERENCES (Contd) mm- 

&* 

9 

Author 

Brebner, G,G. 
Bagley, J.A. 

10 Kcohemann, D. 

11 Haines, A.B. 
Jones, J.C.M. 

12 O'Hara, F. 
Squire, L.C. 
Haines, A.B. 

Niteberg, G.E. 
Crandall, S. 

14 Blake, M. 

15 Bagley, J.A. 
Beasley, J.A. 

16 Tunnel Sta-*f 
of Aero Dept. 

17 Monaghan, R.J. 

18 sinnott, C.S. 

49 Pearoey, H.H. 

Title. etc. 

Pressure and boundary layer measurements on 
a two dimensional wing at low speed. 
A.R.C. R, & M.2886. February, 1952. 

Boundary layers on swept wings - their 
effeots and their measurements. 
AGARD Paper No. AG 19/p). April, 1955. 

The oentre line Maoh number distributions and 
auxiliary suotion requirements for the ARA 
9 ft x 8 ft transonio wind tunnel. 
A.R.C. R. & Ma.3140. April, 1958. 

An investigation of interferenoe effects on 
similar models of dirferent size in various 
transonio tunnels in the U.K. 
A.R.C. 21,094. February, 1959. 

A study of flow ohanges assooiatcd with air- 
foil seation drag rise at superoritioal speeds. 
N.A.C,A. Teoh. Note No. 1813. February, 1949. 

Results of some caloulations on camber and 
twist distributions for swept ms at M = 0. 
Viakers Armstrongs (Airoraft) Ltd. 
Report No. A.570.2. September, 1959. 

i 

The shapes and lift-depndent drags of some 
sweptback wings designed for MO = 1.2. 
A.R.C. C.P.512. June, 1959. 

Pressure and boundary layer measurements on a 
59’ sweptbaok wing at low speed and oomparison 
with high speed results on a 45' swept wing, 
A.R.C. C.P.86. August, 1950. 

A review and assessment of various formulae 
for turbulent skin friotion in compressible 
flow, 
A.R.C. c.p.142. August, 1952. 

Theoretioal prediction of the transonio 
oharaoteristios of aerofoils. 
Report No. NPL/Aero/JbY. January, 1959. 

Some effects of shook induoed separation of 
turbulent boundary layers in transonio flow 
past aerofoils. 
Proo. Symposium on boundary layer effects in 
aerodynamios. 
A.R.C. R. & M.3108. June, 1955. 

. 

20 Sinnott, C.S. The design of two dimensional oambered aero- 
foil sections for the supersonio transport 
projeot. 
Report No. NPL/Aero/332. July, 1957. 

21 Monaghan, R.J. Formulae and approximations for aerodynamio 
heating rates in high speed flight. 
A.R.C. c.p.360, Ootober, 1955. 

- 26 - 



APPENDIX1 

RELATION BETREXN PRESSURE AND b%CH NUXBEX COWXENT NOP%AL 
TO'RIELEADINGEDCEOFASWEPT~ 

In the aase of two-dimensional wings, it is sometimes convenient to 
express pressures around the wing section in the form p/Ho, where Ho is the 
stagnation pressure, For swept wings of infinite span, there is an analogous 
expression for pressure whioh may be written pbeff, where Heff is defined as 
the pressure at the attachment line, i.e., the line where the looal oomponent 
of flow normal to the leading edge is hero, Thus the value of p/Ho for an 
unswept wing will be the same as the value of p/Heff for the same wing yawed 
through an angle A, if the free stream Maoh number is increased by a factor 
equal to the secant of the angle of yaw, 

Let v = 

a= 

M = 

velooity 

velocity of sound 

Maoh number ; 
0 

A = sweepbaok angle 

Y = ratio of specifia heats for air 

P = statia pressure 

H= stagnation pressure 

Suffix 0 = free stream oonditions 

n = normal to wing leading edge 

t = parallel to wing leading edge. 

We assume that the velooity aomponent parallel to the leading edge is 
constant, i.e. 

vt = V. sin A = constant . 

We express the value of p/Ho in the two following ways:- 

(1) 
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Appendix -l 

Now 

so that, when V = 0 n 

But 

2 

0 
vt: = 

Id: sin2 A 
a 

0 
, + y ; 1 &{2 ' whenoe 

0 

H eff 
Ho 

= 

HO + = *.- 
eff H 

0 eff 

so that, frvnr (I) and (3) 

a. 
-$2-Z 

( 
1 + y,- M2 oos2 A IT 

eff 2 > 

. 

whioh is the isentropio relation with an "effective" stagnation pressure, . 

(3) 

(4) 
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APPExxxIx 2 

DESIGN OF AERo%OIL SECTIONS WITH LINEARLY VARYING PRXWJRE 
DISTRIBUTION ON THE UPPER SURFACE 

J. Weber, Dr.rer.nat. 

The task is to design for infinite sheared wings with given thiokness 
distribution a oamber line suoh that the wing has at the design inoidenoe a 
given lift coefficient and on its upper surface a pressure distribution which 
varies nearly linearly along the chord (no requirement is made for the lower 
surf aoe). It is required that these conditions are satisfied at a given Maoh 
number for which the flow is subcritical. The latter oondition imposes cer- ' 
tain limits on the thiokness of the wing and on the design Uf't ooeffioient. 

In designing the wing which has been the subjeot of these tests, we have 
relaxed these oonditions somewhat by allowing the velocity to be slightly 
supersonic forward of the erest but have performed the caloulations as if the 
flow were suboritio&l throughout. 

The symbols are defined as follows:- 

A 

C 
pi 

h 

M 

dn) (x) 
V 

X 

z 

zO 

"t 
4 a 

r(x) 
. 

Y 

A 

Suffioes:- 

0 

D 

n 

us 

l-bu 

see equation (2) 

pressure ooeffioient as defined in equation (3) 

see equation (6) 

Maoh number 

funotions given in Refs.2 and 3 

velooity 

distance aft of leading edge (in units of wing ohord) 

distance above ohord line (in units of wing ohord) 

ordinate of camber line of seotion 

ordinate of thiokness distribution of seotion . 

angle of Fnaidenoe * 

load distribution 

ratio of speoifio heats (taken as 1.4) 

angle of sweep 

free stream oonditions 

design 

oomponent normal. to leading edge 

upper surfaae 

as defined in Ref.3 
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Appendix 2 

The pressure distribution on an infinite sheared wing in suboritioal 
flow oan be caloulated from the following equation:- 

1 2 (3 V = oos2 a sin* A c 
2 

I+ 
$2) (:, * s(Q 

C A 008 A 1 

where 

and 

X 00s a c f 30s A + S(l) (X) A 

A=dwj (2) 

C = oos2 A - joos A f s(‘)(x)12 
Pi 

, + p~2)(x)l 2 * 
L 00s h “I 

(3) 

EP(x), S(~)(X) and S(~)(X) are funotions of the ordinates e,(x) of 
the thickness distribution and S (4'(x) and S(5)(x) are functions of the 
ordinates e,(x) of the camber line. The relations between S(')(x) and z,(x) 
and zO(x) are given in liefs.2 and 3. 

The pressure ooeffioient is determined from the velocity distribution 
by the relkion:- 

2, r-4 
C 2 
p=y$ (c I+7 r-lb62 o I- + [ 0 IT > -1 * (4) 

0 

The local b4ach number Mn of the velocity component normal to the isobars is 
related to the pressure oaefficient by the equation:- 
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Appendix 2 

l ** (5) 

For the present test programme, aerofoil se&ions were required fbr 
wings of 60” sweep whioh had a design lift ooefficient of 0.15 and whioh 
satisfied the oonditions mentioned above at a free stream Maoh number of 1.2. 
The further condition was, imposed that the difference between the upper and 
lower surfaoe pressures tends to sero at the trailing edge. 

Thiokness distributions of the type RAE 100 and RAE 101 were considered. 
Aooording to linear theory, these seotions have at zero inoidenoe pressure 
distributions of the form 

O<x<h 
l 

A + B(x - h) S h<x<l 
(6) 

(h = 0 for RAE 100, h = 0.3 for RAE 101). A linear pressure distribution on 
the upper surfaoe 

cp (x) = A+B(l - h) + C(t - x) 

is obtained aocording to linear theory if the load distribution is 

2B(l - h) + 2C(1 - x) , Ocx<h 

c -c = . 
%s PLS 2(B + C)(l - x) , h<x<l 

(7) 

If xe oonsider these first order terms only, then we find that a wing 
thickness of Y$ is possible. This implies that the wing section normal to the 
leading edge is 18% thiok and that therefore the seoond-order terms in' 
equation (1) have a signifioant effeot on the pressure distribution. 

To determine the required oamber-line, we need to know the linear order 
term of the ohordwise load distribution in inoompressible flow:- 

ad = s(4)(,) + tm aD #i-x 2 vo J-- X (8) 

where &D is the design inc&denoe. The relation between the shape of the 

oamber-line, so, and the load distribution is:- 
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4?e-2 

This relation can be approximated by:- 

dza (xi’ N-4 

-YE- -taIx$ = 
c 
p=l 

the aoeffiaients SLt2) are tabulated in Ref.3. 

In view of the relatively large seaond order terms in equation (1), 
we have not attempted ta obtain a first approximation ta I'(x) from the 
linear order terms given in equations (6) and (7). Instead, we have esti- 
mated an upper surfaae pressure distribution and have determined a-n appraxi- 
matian to r(x) fram:- E 

E!d= 2 vo S(')(x) + tan c"~ 
II 

* 

=: - 
[ 

c 
Pus 

- cp(a = 0, I’* = 0) 1 

. 

2 
[ 

aas A+ (X-J s(1) 
A 1 
. . . (10) 

where Cp(u = 0, za = 0) is the pressure aoeffiaient of the unaambered 

seatian at zero lift, 

With the r(x) of equation (10) th e slope of the skeleton line was 
determined by equ&tion (9). By graphiaal integration of the slopes the 
inoidenae % and the ordinates of the camber-line were found. Then the 
pressure distribution aan be determined from equations (I), (2) and (3), 
taking aaaaunt of all higher order terms. If a modification ta the result- 
ing pressure distribution is then required, the proaedure is to estimate 
the required slteratian of the aamber-line and of the inaidenae and 
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t 

determine S(') (x) and S(5)(x) and C (x), This prooedure does not, of course, 
lead to ex$lioit expressions for thz load distribution and the oamber line. 

The results of the oaloulations are shown ix-~ Figs.2 and 4, whioh show 
the surface pressure distributions, and the shape of the oamber line 
respeotively. The required pressure distribution has been substantially 
achieved, exoept over the first 1% of the chord. 
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TABLE I 

Ordinates ctf'aerofoil at 32 pivotal ooinks 

(from inspection of model) 

I 
s I o ’ ; H 
0 

wper lower 

I.0000 @ 0 
0.9976 1 0 0 
o.9904 j 0.00078 0.00085 
0.9785 
0.9619 

1 0,00181 0.00185 
0.00333 0.00317 

0.9410 0.00521 0.9157 0.00763 Ez% 
0.8865 0.01033 0:00926 
:*z: 

0:7778 

E:~~~ 

0:01946 

0.01480 0.01189 

0.01799 

:*g; 
0:6451 

0.02288 0,02598 0.02134 0.02488 
0.02915 0.02852 

0.5975 0.03213 0,03231 
0*5490 wu457 0.03621 
0.5000 0.03668 o.owlo 
0.4510 0.03789 0.043% 
0.4025 0.03879 0.04712 
0.3549 0.03925 0.04954 
0.3087 0.03908 0,05050 

0.2643 0.03852 0.2222 0.03748 :*i$; 
0.1828 0.03571 oh.474 
0.1464 0.03338 0.04112 

0.1135 0.03058 0.0843 0.02704 “o*::622 
0.0590 0.02300 0:02741 
0.0381 0.01850 0.02233 
0.0215 0.01402 0.01718 
0.0096 0.00892 0.01190 
0.0024 0.00379 0.00575 

0 j 0 0 
I 



TABLE 2 

Ordinates of Pressure holes 

Upper Surface 

I 5 
a C 

0 0 
ww4 0.00558 
0.0101 0.00923 
0.01 y-7 0.01332 
0.0300 0.01653 
0.0399 0.01904 
0.0598 0.02333 
0.0803 0.02625 
0.1005 0.02900 
0.1502 0.03367 
0.2003 0.03650 
:*$;ii 

0:3498 

0.03896 0.03818 

0.03925 
0.4ooo 0.03896 
0.4498 0.03803 
0.4997 0.03673 
0.5496 0.03454 
oe5997 0.03191 

:*g2 
0:7503 

0.02887 0.02541 
0.02182 

0.7999 0.01779 
0.8503 0.01358 
0.9003 0.00895 
0.9493 0.00457 

Lower Surface 

2 E 
a a 

0 0 
o.ooy+ 0.00743 
0.0115 0.01290 
0.0184 0.01607 

0.0408 0.02307 
0.0618 0.02796 
0.0819 0.03183 
0.1016 0.03518 
0.15-I6 0.04?68 
0.2016 0.04625 
0.3016 0.2516 0.05050 0.04926 

0.04968 
E%;: 0.04714 
0:4507 0.04390 
wm 2 0.03999 
0.5510 0.03606 
0.6012 0,03202 

0.6514 0.7012 0.02807 0.02409 
0.7514 0.02010 
0.8018 o.oj601 
0.8515 0.01202 
o,yo10 0,00809 
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FIG. 3. CAMBER LINE (ALONG WIND) FOR AEROFOIL. 
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PRESSURE DISTRIBUTIONS AT SIMILAR VALUES OF PEAK SUCTION, Mo=Oe 600. 
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0.153. In spite of boundary layer effects which caused some loss of 
lift coefficient, subcritical flow conditions were achieved at the design 
Mach number of 1.2 with the design suction values over the forrmd part 
of the section. At all Mach numbers, the flow development VEX closely 
analogous to that over two dimensional aerofoils at subsonic speeds. 

0.153. In spite of boundary layer erfeCtS vhfch caused some loss of 0.153. In spitl! of boundary layer effects which caused some loss of 
lift coefficient, subcritical flow conditions were achieved at the design lift coefficient, subcritical flow conditions were achieved at the design 
Mach number of 1.2 with the design suction values over the forward part Mach nunber of 1.2 with the design suction values over the forward part 
of the section. At all Mach ntmbers, the flow development ~3s closely of the section. At all Mach ntnbers, the flow developent was closely 
analogous to that over two dimensional aerofofls at subsonic speeds. analogous to that over two dimensional aerofoils at subsonic speeds. 
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