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Summary.-A two-dimensional aerofoil of NACA 0015 section was tested at  zero incidence in the Royal Aircraft 

(a) Static pressure on the aerofoil surface at  Reynolds numbers of 1 *4  x 10G to 5.5 x 10G 
Establishment 10 f t  x 7 ft High-speed Wind Tunnel and measurements were made of 

(b)  Static pressure on the aerofoil surface, on the tunnel walls and in the stream between the aerofoil and the walls 

All the tests were made a t  Mach numbers of 0.7 upwards and were continued past the choking Mach number of 
0.764 until either the maximum permissible fan speed was reached or the maximum available power was being used. 

The results showed that the choking Mach number was about 0.764 at  Reynolds numbers from 1 *4 x 106 to 
2 . 8  x 106. Above M = 0.760 the development of the supersonic region towards the walls was extremely rapid in 
terms of tunnel Mach number. At M = 0-761 the sonic line was only about half-way out to the tunnel walls 
and at  M = 0.764 it had reached them. 

Before and during choking quite large changes in the aerofoil pressure distributions were producetl by varying the 
Reynolds number. At M = 0.73 and 0.75 the shape of the pressure distribution curves indicated the possibility of 
a A-shock at the lower Reynolds numbers and a single shock at  the higher Reynolds numbers. 

at R = 2.8 x 106. 

1. Introduction.-Tests were made in May, 1947 in the R.A.E. 10 ft x 7b f t  .High-speed Wind 
' Tunnel to investigate the effect of Reynolds number on aerofoil pressure distribution at  high 

subsonic Mach numbers and to obtain information on thephenomenon of choking (see section 2 for 
definitions). 

A large aerofoil was chosen, so that when the choking Mach number was first reached there 
would still be large reserves of power and fan speed available for examining the further develop- 
ment of the supersonic region. 

2. Dejinition of Choking Mach N.umzber.-The tunnel Mach number is obtained from pressure 
It is the mean Mach 

As the fan speed is increased the tunnel Mach number does not increase indefinitely but reaches 
This value is known as the choking Mach 

The reason for this limit t o  the 

measurements at two reference holes upstream of the working-section. 
number at the working-section when there is no model pfesent. 

a limiting value at which it remains almost constant. 
number and depends on the relative size of the model and tunnel. 

, * R.A.E. Report Aero. 2337, received 8th May, 1950. 
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tunnel Mach number can be briefly explained as follows. Before the tunnel chokes, increasing the 
fan speed, and hence increasing the tunnel Mach number, causes an extension of the supersonic 
region around the aerofoil both outwards from the surface and downstream. When supersonic 
flow extends from the model to the tunnel walls, increasing the fan speed can affect the upstream 
conditions only through the subsonic parts of the boundary layers. (In a return-flow tunnel it 
may also change the general pressure level, but this has no effect on the Machnumber distribution.) 
Thus when the supersonic region stretches right across the tunnel the Mach number measured 
upstream of the model has reached its maximuni attainable value. The only effect of decreasing 
the downstream pressure, by increasing the fan speed, is to extend the supersonic region further 
downstream. 

3. Ex$erivzezelztaZ Details.-A full description of the tunnel is given by Thompsonl. Before the 
present tests additional small fillets had been inserted in the corners of the working-section to 
improve the longitudinal velocity distribution. 

The rig is shown in Figs. 1, 2 and 3. A 37.5-in. chord NACA 0015 aerofoil spanned the tunnel 
vertically and was set at  zero incidence. During the tests without the static-comb the aerofoil 
was braced by two 10-cwt cables on each side, but these were removed for the rest of the tests. 
The aerofoil was made of laminated teak and had a smooth polished ‘Phenoglaze’ finish. Details 
of the section and the position of the pressure holes are given in Tables 1 and 2. 

Static pressures between the aerofoil and the walls were measured by means of a comb of ten 
tubes, see Figs. 1 and 2. The arrangement of the static-holes and the shape of the nose of each 
tube, Fig. 4, were identical with those used in all high-speed tunnel calibrations, the holes being 
12.4 diameters behind the nose. 

. 

At the rear the tubes were supported by a strut of about 1-ft chord and 15 per cent thick, 
spanning the tunnel horizontally and placed sufficiently far downstream to avoid large inter- 
ferences in the field of the aerofoil. This supporting strut was braced by cables anchored to plates 
on the tunnel floor and roof. 

v 

Towards the front the tubes were braced vertically by 20-gauge wires and also, at  the same 
points, by a horizontal wire of the same gauge stretching right across the tunnel. In some cases it 
was necessary to anchor this wire to a steel strap placed across the window. 

The positions of the comb static-holes were varied by large amounts by movement of the 
supporting strut and by small amounts up to 7 in. by inserting different lengths of sleeve at  A, 
Fig. 2. 

Notes on the position and the rig for each case tested are given in Tables 3 and 5. The positions 
of the pressure holes in the side walls are given in Table 4 and Fig. 3. 

The expressions ‘near side’ and ‘far side’ refer respectively to the surfaces of the aerofoil nearest 
to and farthest from the tunnel operator, i.e., in plan view, looking upstream, the port and 
starboard sides of the tunnel. 

Before 
inserting the static-comb, pressures were measured on the walls and on the aerofoil at five different 
Reynolds numbers. The highest of these (X = 5.5 x 106) was chosen to give a Mach number of 
0.70 at the maximum power available (3400kW). The lowest ( R  = 1 - 4  x 106) was determined 
by the lowest tunnel pressure that could conveniently be obtained by the suction pumps (about 
2 .5  in. Hg). The limits to the maximum development of the supersonic region were fixed at the 
lower Reynolds numbers by the maximum speed at which the fan could be run (850 r.p.m.), and at 
the higher Reynolds numbers by the maximum power available. These limits are illustrated in 
Fig. 5.  From this figure it can be seen that the maximum Reynolds number at which choking 
could usefully be investigated up to full fan speed was about R = 2 - 8  x 106. Accordingly the 
static-comb measurements were made at this Reynolds number. 

1 
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4. Rafige of Tests.-The tests were made at tunnel Mach numbers of 0.70 and above. 
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Static pressures on the aerofoil, on the walls and in the stream were measured for seven positions 
,of the comb static-holes., between 45 and 97 per cent of the aerofoil chord back from the leading 
edge (see Table 5), for-Mach numbers of 0.70, 0.72, 0.74, 0.75 and then at intervals of 10 r.p.m. 
up to 850 r.p.m. ,No static-tube pressures are available above M = 0.760 for case B, (see 
Table 5) because of a failuqe of the camera photographing the manometer board. 

5. Analysis of Readings.-All values of static pressure p have been calculated as fractions of 
H,, the mean total head in the working-section. In some of the figures, thesevalues of P/Ho have 
been translated into local Mach number and it has been assumed for this purpose that there is no 
loss of total head through the shock. If the shock is normal the theoretical loss of total head 
through it for the worst condition considered, i.e., when the Mach number ahead of the shock is at  
its maximum value of 1 i37, is about 3 - 6  per cent. Thus, for this extreme case, Mach numbers 
behind the shock quoted as 0 - 8 and 0 - 9 are really about 0 - 76 and 0 - 87 respectively. 

Whereas before choking, the funnel Mach number is a satisfactory parameter by which to 
compare pressure distributions, it cannot of course be used when the tunnel is choked. After the 
tunnel choked, it was found that a steady increase in fan speed caused a steady increase in the local 
Mach number (or decrease in p/H,)  over the rear part of the aerofoil. Accordingly, the mean 
value of $/Hi, over a suitable portion of the aerofoil was taken as the standard of reference. For 
the tests on the aerofoil alone there were changes in pressure distribution with Reynolds number 
over most of the surface. Therefore the mean P/Ho  used for comparing these tests was found for 
each surface of the aerofoil by taking the average of the pressures at all holes on that surface 
including the trailing-edge hole. For the tests with the static-comb present for 'which the 
Reynolds number was constant, changes in distribution are only due to backward movement of 
the shock wave and mainly occur aft of 50 per cent of the chord. Thus in these cases a mean 
P/Ho was found for each surface, by taking the average of the pressures at all holes on the rear half 
of that surface including the 50 per cent hole and the trailing-edge hole. The relationships 
between tunnel Mach number and the above parameters are given in Table 6 and shown in 
Figs. 12a and 12b. 

6. Efect of Rig on Tests.-The fan speed (and power) required to obtain any particular pressure 
distribution or position of the shock on the aerofoil was greatly increased by the presence of the 
static-comb and supporting strut. . (Figs. 14 and 20.) Forward movement of the comb sup- 
porting strut further increased the fan speed required for any particular aerofoil distribution. 
Also, the position of the shock on the aerofoil surface when the sonic line just reached the tunnel 
wall was 0 . 0 4 ~  further aft when the static-comb was in position. 

These conditions meant that even for the maximum fan speed (850 r.p.m.) the sonic line did not 
reach the wall. when the comb supporting strut was in the forward position and only just reached 
it (at 840 r.p.m.) when the comb strut was further back., 

From comparisons at constant mean P/Ho  of the pressures on  the aerofoil surface and on the 
walls it appears that movement of the static-comb had little effect on the shape of the pressure 
distributions. Small differences, which qccur in fhe aerofoil pressure distributions, cannot. be 
correlated with the position of the static-comb and are  probably mainly due to a slight.warping of 
the aerofoil during the course of the tests. It may be mentioned here that the conditions under 
which the tests were made were rather severe for a wooden aerofoil. -Most of the tests were run at  
a tunnel stagnation temperature of about 45 deg 'C. 

The presence of the strap across the window (see Table 5 )  caused some distortion of the nearby 
wall pressures. It is hoped that this effect did not extend into.the stream as far as the static- 
comb, and where wall pressures have been used they have been taken from those cases without the 

\ 

(Fig. 20.) 

(Figs. 14 and 20.) 

strap. 

otherwise empty tunnel. 
ment, up to a Mach number of 0.8 above which no readings were taken. 

The static-comb was not calibrated but a test was made with the 
All the tubes read the same pfessure, within 
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It is not expected that local shock and boundary-layer effects near the nose of the tubes 
influenced the pressures at  the holes. It is possible that, in supersonic flow, the bow-wave from 
the front of one tube may have affected the pressures as measured on an adjacent tube or on the 
aerofoil surface. It is also probable that the boundary layers on the tubes had some effect on the 
measured pressures when a shock in the tunnel stream was near the measuring holes on the 
static-tubes. In this case the pressure gradient apparent through the shock-wave may be depen- 
dent on the comb interference. This does not seriously affect the graphs shown in this report. 

% I  I 

7. Results and Discussion.-7.1. Reynolds Number Efects u$ to M = 0-75.-Figs. 7a to 7d 
show the measured pressure distributions on the aerofoil for four different Reynolds numbers, and 
in Figs. 10a, 10b and 1Oc distributions for various Reynolds numbers are compared at  constant 
Mach number. 

At a Mach number of 0.70 (Fig. 10a) the velocity is supersonic for about 15 per cent of the chord 
just before the maximum thickness. This is followed by a small compression which can be 
attributed to a weak shock or perhaps to a succession of weak shocks. As drawn, Fig. 10a shows 
a greater rate of compression at the higher Reynolds numbers, but it must be remembered that the 
only pressure holes in this region are at  20,30 and 37 per cent of the chord. 

As the Mach number is increased the supersonic region grows and the compression occurs 
further back, while the size and rate of compression both increase. 

At a Mach number of 0.75 (Fig. 1Oc) there are quite large differences in pressure distribution in 
the supersonic region for the different Reynolds numbers. At  R = 1 -38 x 106 the peak suction 
occurs at  30 per cent of the chord and is followed by a slow increase of pressure until the main 
compression which takes place at  50 per cent. At R = 2-98 x 106 the suction again reaches 
its maximum at 30 per cent, but now maintains this value until the main compression. At 
R = 4.89 x 106 the distribution flattens at 30 per cent, but at 35 per cent there is a further rise 
in suction to the peak value at 45 per cent. There is little difference in the form or position of the 
main compression for these three Reynolds numbers. At this Mach number of 0.75 the changes 
in surface distribution are confined to the region between 35 per cent and 65 per cent of the chord. 

At the higher Reynolds numbers an expansion was sometimes observed at the surface, behind 
the main compression. In Fig. 7c for example, at  a Mach number of 0.720 there is a rise of 
suction from the 37 per cent hole to the 43 per cent hole. A small kink in the distribution behind 
the main compression (e.g., Fig. 7d, 782 r.p.m.) may well be evidence of an expansion further out 
in the stream. 

In the present tests it was not possible to measure the flow optically or to obtain detailed 
information about the boundary layer. However, the Reynolds number effects on the pressure 
distributions are similar" to those obtained by other investigators who have been able to supple- 
ment their measurements by schlieren photographs 213. Their results will, therefore, be used to 
help explain the changes with Reynolds number in the present tests. 

I 

At the lower Reynolds numbers there was no evidence of such an expansion. 

/ 

7.2. Results of Other Tests.-By surface pressure measurements on a curved plate, by static and 
pitot traverses and by schlieren observation Ackeret2 investigated the relation between the state of 
the boundary layer and the form of the shock system. Those of his results which are relevant 
here are given below. 
(a) With a turbulent boundary layer there was a single shock almost normal to the surface and 

The peak suction at the surface 
(This corresponds to the distribution at  M = 0.73, 

(b) With a laminar boundary layer a surface distribution was obtained similar to that in 
In Ackeret's tests a A-shock occurred with its 

Its oblique branch met the 

this produced the main compression at the surface. 
occurred just before the shock. 
R = 4 -84 x 106 in Fig. lob.) 

Fig. 1Oc at R = 1.38 x 106, M = 0.75. 
main (aft) branch producing the main surface compression. 
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surface at the point of peak suction and produced a slight fall in Mach number although the 
flow remained supersonic. 

(c) Measuring from a point some way ahead of the main shock to one some way behind it, the 
boundary-layer momentum thickness increased by 5 times with a turbulent layer and by 10 
times with a laminar layer. Reversed flow at the base of the main shock occurred only 
with a laminar layer. 

Liepmann3, has made observations by schlieren and surface pressure measurements on the flow 
over a circular profile. He found a similar relation between the state of the boundary layer and 
the form of the shock system. 

In the present tests the pressure distributions at  high Reynolds numbers (e.g., R 2 2:8 X 106) 
are similar in shape to those obtained by Ackeret and by Liepmann when there was a single shock. 
Similarly, the low Reynolds number distributions correspond to those obtained with a laminar 
boundary layer and a A-shock. 

7.3. Reynolds Number Efects Above M = 0-75.-Above a Mach number of 0.75 the increments 
in M for each increment in fan speed become progressively smaller until the choking Mach number 
is reached at M = 0.764. The shock, however, continues to  move back steadily, although the 
surface pressure gradient at its base now becomes smaller. At the lower Reynolds number this 
gradient defined as d(p/H,)/d (x/c) may fall from 23 at M = 0.75 to as low as 1 when the shock is 
near the trailing edge. 

Comparisons have-been made at  constant mean p / H ,  taken over the whole surface and these 
show the variations in the shape of the pressure distributions at different Reynolds numbers. 
Fig. l l a  to l l e  shows that the effect of increasing the Mach number is still to increase the suction 
immediately before the main shock. With the shock very far back the peak suction occurs at  
about 60 per cent of the chord at all Reynolds numbers. 

7.4. Choking.-7.4.1. The development of choking.-Figs. 15a, 15b and 15c show typical 
static-pressure distributions across the tunnel as choking proceeds. In Figs: 17a to 17f the 
distributions are given in the form of isobars. It should be noted again that the local Mach 
numbers behind the shock are based on the assumption that there is no loss of total head through 
the shock. The gradients through the shock are smaller than would be expected from theory and 

’ this may perhaps be attributed to the presence of the boundary layers on the tubes, although it is 
possible that a small part may be due to temporal fluctuations of the shock position. The 
expansion behind the shock shown on the aerofoil pressure distributions did not extend as far out 
as the first tube and so does not appear on the graphs. The small differences, which develop at  
choking, between the pressures on the two sides of the aerofoil may be due to some lack of sym- 
metry in the model or in its setting in the tunnel or in the direction of the flow. It cannot be 
attributed to the presence of the static-comb (see Fig. 13). 

The spread of the supersonic region across the tunnel is shown in three different ways in Figs. 
18, 19a, 19b. The extension of the supersonic region through the outer half of the stream is 
extremely rapid in terms of tunnel Mach number (Fig. .18). When the tunnel Mach number is 
only 0.003 below its choking value the shock has still extended over only the inner half of the 
stream. 

7.4.2. The value of the choking Mach number.-The choking Mach number was 0.764 and was 
the same, within the accuracy of measurement (& 0.001) at all Reynolds numbers tested. One- 
dimensional theory of flow gives a value of 0 * 766 from the equation . 

1 5+M2 
A*F=.( 6 } >  

where A ,  is the cross-sectional area of the tunnel and F is the net frontal area of the model at its 
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greatest section. An allowance for a boundary layer on the tunnel walls of Q-in. displacement 
thickness will reduce this value by about 0.001. 

A possible explanation of the surprisingly close agreement between the choking Mach number as 
calculated from the crude one-dimensional theory and that measured in the tunnel is as follows. 
The theory assumes a sonic line straight across the tunnel at the point of maximum thickness of 
the aerofoil. A typical Mach number 
distribution across the choked tunnel in this plane is given in Fig. 21, together with the mass 
flow distribution pV/pTyT,  where the suffix T indicates values at  M = 1. The mean mass flow in 
this case is 0.993, which is very near the theoretical value of unity, in spite ,of the large variation 
of Mach number across the tunnel. Thus the estimated choking Mach nuniber is not seriously in 
error. 

This gives the maximum possible value of the mass flow. 

8. Conclusions.-A two-dimensional NACA 0015 aerofoil, which had a chord of 0.32 times the 
tunnel breadth and spanned the tunnel vertically gave a choking Mach number of 8.764 at 
Reynolds numbers from 1.4 x 10' to 2.8 x 10'. 

The position of the sonic line in the stream was determined for various pressure distributions on 
the aerofoil surface as the tunnel choked. When the sonic line extended halfway out from the 
aerofoil to the tunnel walls the tunnel Mach number was only about 0.003 below its choking value. 

At speeds below choking there were quite large changes with Reynolds number in the pressure 
distribution on the aerofoil surface. In general the effect of increasing the Reynolds number 
from R 1 1.3 x 10' to R 

By comparison with results of other investigators it appears that the shape of the pressure 
distribution at  low Reynolds numbers (about 1 x 10') indicates the presence of a laminar boun- 
dary layer and a A-shock. At higher Reynolds numbers the pressure recovery occurs through a 
single shock. 

5 x 10' was to increase the suction just ahead of the main shock., 

N O .  Author 
1 Staffs of the High-speed Tunnel 

and High-speed Flight Sections, 
R.A.E. 
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Edited by W. A. Mair. 
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TABLE 1 
Ordinates of NACA 0015 Section 

Distance from 
leading edge 

0 * 560 
'0.600 
0.650 
0.690 
0.730 
0.780 
0.820 
0 880 
0.950 
1.000 

x 
C 
- 

_-___-- 
0 

0.0125 
0.0250 
0 * 0500 
0 * 0750 
0~1000 
0-1500 
0 * 2000 
0 * 2500 

Line 
--- 

C 
a 
d 
b 
d 
a 

d 
b 
d 

C 

2 
C 

0 
0 * 02367 
0 * 03268 
0.04443 
0 * 05249 
0 - 05852 
0 : 06680 
0.07170 
0 * 07424 

x 
C 
- 

0.3000 
0.4000 
0 5000 
0 - 6000 
0 7000 
0.8000 
0.9000 
0 * 9500 
1 * 0000 

Y -- 
C 

0 * 07500 
0.07252 
0.06615 
0 05703 
0 04579 
0 * 03278 
0.01809 
0 * 01008 
0 00157 

I I I 

Leading-edge radius = 0.0248. 

TABLE 2 
Position .of PYesszwe Holes-on Aerofoil (see Fig. 3) i 

Distance from 
leading edge 

'0.015 
0.030 . 

, 0.050 
0.080 
0.140 
0.200 
0.300 
0.370 
0 * 430 
0.500 

i 

Line 

a 

d 
b 

b 

d 
b 
a 

___ 

C 

' C  

C 

I 

The positions are the same on the two surfaces. 

TABLE 3 
Position of Comb Holes (Mean of all cases) 

Tube 
No. 

____ 
5 
4 
3 
2 
1 

Wall 

Far 

Distance from 
tunnel centre-line 

(as fraction of 
aerofoil chord) 

0.241 
0 * 429 
0-643 
0.963 ' 
1-283 
1 -596 

Tube 
No. 

6 
7 
8 
9 

10 
Wall 

Near 

Distance from 
tunnel centre-line 

(as fraction of 
aerofoil chord) 

0-236 
0-422 
0-635 
0.955 
1-275 
1.604 

U 
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Mean distance 
back of noses 
from aerofoil 
leading edge 

c 
TABLE 4 

Position of Wall Holes (see Fig. 3) 

(From leading edge of aerofoil, as a fraction of aerofoil chord, measureddownstream) 

Distance of hori- 
zontal bracing Size 

wire from aero- of 
foil trailing edge Sheath 

Far 

Distance 

-0.978 
-0-658 

--_-- 

-0.338 
-0.018 

0.302 
0.302 
0 * 624 
0.797 
0.949 
1.119 
1.267 
1,587 
1 a585 
2.222 

Line 

B 
B 
B 
C 
A 
C 
C 
C 
C 
C 
C 
A 
C 
B 

Near 

Distance 

-0.981 
-0.658 
-0.338 
-0.015 

0.305 
0.332 . 

j 0:629 ' 

0 e.802 
0.949 
1.122 
1.269 
1,.585 
1 *585 

TABLE 5 
Details of Rig 

Case 

B2 
B3 
B5 
B5 
B6 
B7 
C 

Mean distance 
back of comb 
roles from aero- 
oil leading edge 

0 * 779 

0.965 
0 * 646 
0.458 
0-805 
0.711 
0.618 

0.666 

0.832 
0.513 
0 * 325 
0 * 672 
0.578 
0.458 

.o * 433 

0: 434 
'0.113 
0.110 

, 0 * 277 
0 * 273 
0.273 

Long 

Short 
Short 
Long 
Short 

Medium 
Long 

Line 

B 
B 
B 
C 
A 

. ,  

C 
C 
C 
A 
C 

Distance to leading 
edge of coinb aero- 
foil from trailing 

:dge of main aerofoil 

1 *700 

-1 a700 
1-380 

'1-380 
1 *540 
1'- 540 
1 *540 

As in Case B7, but with main aerofoil removed. 

Remarks 

No bracing cables on main 
aerofoil in any of these cases 

Strap across port window 
> *  ,> ,, >, 
,, ,, I ,  ,> 
I >  I ,  , I  > I  

I ,  I ,  ' I ,  ,, 



TABLE 6 
Test Data 

Aerofoil + static-comb \ 

R.P.M. M 

Mean$/H over 
Rey- rear half of 
nolds surf ace 

number 
Far I Near 

724 
743 
764 
780 
804 
809 

' 820 
820 
830 
840 
840 
850 
848 

Rey- 
nolds 

number 

723 
742 

' 765 
784 
810 
820 
830 
839 
850 

Mean $/H over 
rear half of 

surface - 

Far I Near 
__-- 

727 
745 
770 
790 
814 
818 
825 
82 1 
830 

~ 814 
790 

R.P.M. M 

0 * 700 
0.721 
0 * 740 
0.750 
0-759 
0.780 
0.763 
0-763 
0.763 
0.764 
0.764 
0.763 
0.763 

0.700 
0-719 
0.740 
0.751 
0-760 
0.762 
0.763 
0; 764 
0 * 764 

Mean$/H over rear 

Far' I Near 

Reynolds half of surface 
number ______ -__-- 

0 -899 ' 
1-720 
0.740 
0.750 
0.759 
0.760 
0-761 
0.760 
0.762 
0.758 
0.750 

Case B1 
2.80 
2.79 
2.81 
2-80 
2.81 
2-79 
2-79 
2.79 
2.77 
2.82 
2.80 
2.78 
2.78 

Case B2 
2.83 
2.81 
2.79 
2-79 
2.78 
2.77 
2-78 
2.81 
2-80 

Case B3 
2.82 
2.82 
2.80 
2.81 
2.81 
2-81 
2.81 
2.82 
2.83 
2.80 
2.81 

0.681 
0.663 
0.651 
0.630 
0.581 
0.572 
0.539 
0.534 
0.506 
0.482 
0.485 
0.473 
0 473 

0.681 
0 * 665 
0.651 
0.625 
0 566 
0.542 
0.516 
0-492 
0-471 

0.680 
0.661 
0 * 650 
.O * 626 
0.585 
0.574 
0.559 

' 0.563 
0.544 
0.583 
0.628 

0-682 
0 * 665 
0.653 
0.633 
0 - 590 
0.580 
0.551 
0.548 
0.526 
0.504 
0.508 
0.459 
0.495 

0.681 
0.667 
0.$352 
0.628 
0.577 
0.556 
0.536 
0.515 
0-490 

0.681 
0.662 
0.651 
0.627 
0.587 
0 * 577 
0.565 
0.568 
0.522 
0.585 
0 - 626 

73 1 
735 
744 
753 
766 
788 
814 
820 
830 

' 840 
850 

721 
74 1 
762 

804 
820 
,830 
840 
850 
835 

,778 

726 
745 
763 
781 
805 
820 
825 
830 
840 I 

I 850 

0.700 
0.710 
0.720 
0.729 
0.740 
0.750 
0.759 
0.761 
0.763 
0.763 
0 * 764 

0.700 
0.720 
0.740 
0.749 
0 760 
0.763 
0.764 

0 * 765 
0.764 

0.700 
0 - 720 
0.740 
0 * 750 
0.760 
0.763 
0.763 
0.763 
0 * 764 
0 * 765 

, 0.764 

Case B4 
2.81 
2-81 
2.82 
2-81 
2.82 
2.80 
2.80 
2 .*80 
2.80 
2.80 
2.80 

Case B5 
2.81 
2.81 
2.83 
2.81 
2.81 
2.81 
2-81 
2.82 
2-82 
2.78 

Case B6 
2.79 
2.80 
2.82, 
2-82 
2.82 
2.81 
2.82 
2.82 
2.82 
2.83 

723 
739 
76 1 
778 
804 ' 
819, 
830 
840 
850 

' 0.700 
0.720 
0.740 
0.749 
0.759 
0 * 763 
0.763 
0.764 
0.7645 

Case B7 
2-80 
2.80 
2-81 
2.82 
2:80 
2.81 
2.81 
2.81 
2.82 
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0.679 
0.662 
0.647 
0.632 
0.586 
0.549 
0.523 
0.494 
0 478 

0.681 
0.664 
0.649 
0.636 
0.591 
0.557 
0.541 
0-518 
0.505 

0.679 
0.671 
0 * 662 
0.654 
0.649. 
0.625 
0.577 
0.562 
0.543 
0.517 
0.496 

0.681 
0.663 
0.649 
0.634 
0.584 

,0*546 
0.515 
0-494 
0.476 
0.504 

0.680' 
0.663 
0.648 
0-629 
0.582 
0.547 
0.535 
0.524 
0. 498 
0.478 

-- 

0.679 
0.672 
0 * 663 
0.656 
0.650 . 
0.626 
0.579 
0.566 
0 - 550 
0 . 5 ~ 1  . 
0.513 

0.682 
0.665 
0.651 
0.636 , 

0.588 
0.555 
0.536 
0.517 
0.496 
0.526 

0-681 
0.665 
0.650 
0 * 632 
0.587 
0 * 556 
0.549 
0.542 
0.519 
0.499 



TABLE 6-continued 

Test Data 
Aerofoil alone 

Mean plH over 
whole surface 

R.P.M. 

699 
71 1 
729 
743 
761 
770 ' 

780 
790 
800 
810 

830 
840 . 
850 

819, 

R.P.M. 

693 

693 
717 
742, 

699 
720 
742 
750 

770 

782 
790 
794 

759, 

701 
726 
745 
760 
770 
780 
790 
800 
810 
819 
830 
840 

M 

M 

0.700 
0.720 
0.740 
0.751 
0 * 759 
0.769 
0.763 
0.764 
0.764 
0.764 
0.764 
0.765 
0.764 
0 * 764 

0.698 

0-699 
0.731 
0 750 

' 0-700 
0-730 
0.750 
0-754 
3.94 
0 * 759 

0.762 
0.763 
0.763 

0.700 
0.731 
0.750 
0.758 
0.759 
0 *763 
0-764 
0.763 
0.764 
0.764 
0.764 
0.764 

Reynolds 
number 

2.81 
2.83 . 
2.79 
2.81 
2.83 
2.84 
2.81 
2-83 
2.83 
2.82 
2.83 
2.83 
2.80 
2.79 

Reynolds 
number 

5.45 

4.78 
4.83 
4.89 

3.78 
3.85 
3.91 
3.94 
0-549 
3.89 

3.78 
3.78 
3.76 

2-75 
2-81 
2.87 
2.89 
2.89 
2.90 
2.91 
2.90 
2.90 
2.89 
2.88 
2.87 

Far 

0.638 
0-619 
0-593 
0.571 

'. 0.543 
0-529 
0.510 ' 

0.487 
0-467 
0-456 
0-444 
0.431 
0.421 
0.415 

Near 

0.638 
0.618 
0.592 
0.571 

' 0.545 
0.534 
0.517 
0.497 
0.480 
0-467 
0.451 
0.431 
0-419 
0.414 

Mean $ /H over.' R.P.M. 
whole surface 

0.643 

0.643 
0.604 
0.570 

0.642 
0 * 605 
0.572 ' 

0.652 
0.549 
0.535 

0-509 
0.496 
0.493 

0.639 
0.605 
0.574 
0 * 552 
0.538 
0.514 
0 * 492 
0.475 
0-465 
0.449 
0.434 
0.423 

712 
732 
755 
777 
780 
790 
800 
810 
820 
830 
840 
850 

699 
735 
756 
777 
790 

' 800 
810 
820 
830 
840 
850 
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Mean.$/H over rear ~ ~ 

half of surface 
______ 

Far 

0 * 680 
0.663 ' 
0 * 650 
0.632 
0.578 
0.555 
0.520 
0.479 
0: 443 
0.421 
0.400 
0.378 
0-360 
0.349 

Near 

0.681 
' 0.664 

0.651 
0.625 
0 * 5858 
0.565 
0 * 535 
0 * 500 
0.469 , 

0 * 446 
0.417 
0.381 
0 - 358 
0.349 

0.700 
0-729 
0.750 
0.758 
0.762 

"0.763 
0.764 
0.765 
0.764 
0.765 
0.765 
0.766 

0 * 700 
0.729 
0.750 
0-760 

, 0.763 
0.765 
0.765 
0.765 
0 * 764 
0 * 765 
0-765 

Reynolds 
number 

1 *63 
1 *69 
1.74 
1 *76 
1 *77 
1.78 
1.79 
1.79 
1.79 
1.80' ' 

1.80 
1.81 

1 a29 
- 1:34 

1.38 
1 a41 
1 - 4 3  
1-43 
1 *39 
1-39 
1.40 
1 *40 

' 1.41 

Mean p / H  over 
whole surface 

0.638 
0.608 . 
0-573 
0.546 
0.530 
0.513 
0.494 
0.472 ' 

0.459 
0.441 
0.429 
0.418 

0.638 
0.606 
0-575 
0 * 542 
0.517 
0.497 . 
0.479 I 1 

0.462 
0.449 
0.434 - 

' 0.423 
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FIG. 3. Diagram at  working-section. 
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FIG. 4. Details of nose of tubes. 

12 



MAX. FAN SPEED 

I . rc - ie  0 

AEROFOIL ALONE 
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FIG. 6. High-speed Tunnel power factor at choking with a 37 *5-in. chord NACA 0015 aerofoil. 
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0-4 3.5 0.6 0.7 3.6 ~ 0.4 1.C 3.1 0.2 
'C AERCJFCIL ALONE 

FIG. 7a. Pressure distribution on aerofoil surface during development of choking. R = 1 . 4  x 106. 

0.1 0 2  0.3 0.4 0.5 0 6  9' 0.9 1.0 0 

AEROFOIL ALONE 

Pressure distribution on aerofoil surface during development of choking. FIG. 7b. R = 1 -8  x 106. 
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AEROFOIL ALONE 

FIG. 7c. Pressure distribution on aerofoil surface during development of choking. R = 2.8 x 106. 

AEROFOIL ALONE 

FIG. 7d. Pressure distribution on aerofoil surface during development of choking. X = 3 . 8  x 106. 
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FIG. 8. Pressure distribution on-wall.(far side) when tunnel is choked. Aerofoil alone. R =.2.8 'x 106. 

0.71 0-72 0 73 0.74 075 0 76 C 

TUNNEL MACH NUMBER M 

FIG. 9. Maximum,Mach number on aerofoil surface. 
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M =  0.70 
FAR SURFACE 

FIG. 10a. Reynolds number effect at constant M .  

I 

A E R O F N  PRESSURES 

FIG. lob. Reynolds number effect at constant M. 
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FIG. 1Oc. Reynolds number effect at constant M. . .  

MEAN (?H,,) = . 0.58 

(FROM ALL HOLES) 
' .  0.70 
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0.80 ' ' ' ' J 

1 :-::: 
OSITIONS C f  PRE35URE HOLE5 

0 0.1 0.2 0.3 0.4 0 5  0.6 0.7 0.8 
AEROFOIL PqESSURE3 

FIG. 1 la. Reynolds number effect at constant meanp/H,. 
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FIG. llb.  Reynolds number,effect at constant mean$/Ho, 

(FROM ALL HOLES) 
FAR SURFACE I I I I I 
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0 3  0.4 0.5 0.6 0.7 08 

AEROFOIL PRE %WE5 

FIG. llc.  Reynolds number effect a t  constant mean$/Ho. 
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FIG. l l d .  Reynolds number effect at  constant mean$/H,. 
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FIG. l le .  Reynolds number effect at constant me&$plH,. 
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FIG. 12a. Tunnel Mach number vs. mean$/Ho. 
FIG. 12b. Tunnel Machnumber OS. mean$/H,. R = 2.8 x 106. 
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FIG. 14; Relation between fan r.p.m. and mean$/Hw R = 2.8 x 106. 
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-1.5 -1.0 -0.5. 0 0.5 
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(OVER REA\ HALF) 

FAR 51DE = 0.580 
NEAR ~ I O E  - 0.587 

TUNNEL MACH N O  = 0.753 , R = 2 . 8 .  106 

FIG. 15a. ’ Static pressures across-tunnel. 

FIG. 15b. Static pressures across tunnel. 
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NEAR 510E 51DE 

AEROFOIL MEAN VII~ FAR SIDE = 0.480 
NEAR SIDE = 0.502 

TUNNEL MACH I#= 0.764, K =  2 . 8 ~ 1 0 ~  

Static pressures across tunnel. FIG. 15c. 

AEROFOIL MEAN bti (OVER WAR HALF) . 0.50 R -  2.8 x 106 

FIG. 16. Example of static pressures along tunnel on far side. 
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POSITION OF STATIC-TUBES 
I.+ 

I I I 
10 , 9 [  $ 7 6  5 , $  3 2 I 

-1.6 - -12 - 0:8 -6.4 c 0 4  0' a Ph Y/c 
. NEAR SIDE FAR SIDE 

' MEAN p/n, - 0.587 (OVER REAR HALF) MEAN &o 0.580 (OVER REAR HALF) 

TUNNEL MACH NUMBER = 0.753 R =  2.8 x 106 

FIG. 17a. <Mach number distribution. 
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FIG. 17b. Mach number distribution. 
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FIG. 17c. Mach number distribution. 
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FIG. 17d. Mach number distribution. 
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FIG. 17e. Mach number distribution. 
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TUNNEL MACH NUMBER = 0.764 R e  2.8 x 106 

FIG. 17f. Mach number distribution. 
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-FIG. 19a. Extent of supersonic region. y/c vs. mean fi/H,. 
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FIG. 19b. Extent of supersonic region. y/c vs. x/c aerofoil. 
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FIG. 20. Fore-and-aft location of points on aerofoil and walls 
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FIG. 21. Typical Mach number and mass flow distributions across tunnel a t  XIC = 0.30. 
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